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Section 1
INTRODUCTION

Regions of shock wave/turbulent boundary layer interaction, in which large
pressure gradients, flow separation and turbulent norequilibrivin flows are generated,
have traditionally been the testing ground of preuiction techniques, particularly based
on the solution of the full Navier-Stokes equations where the recirculating flow can
be handled "more exactly." However, despite the significant advances in computational
techniques during the past decade, there .emain significant gaps in our understanding
and ability to predict regions of shock wave/turbulent boundaty interactions in hypersonic
flows. At the heart of the problem lies the difficulty of describing the generation and
development of turbulence in the extremely large pressure gradients developed across
hypersonic irteraction regions. However, many of the problem: that have been blamed
on poor turbulence modeling may in fact ster. from the grid selection or nature of
the numerical scheme. In the rush to demonstrate that the Navier-Stokes cedes can
be successfully applied to describe a variety of interaction prablems, very little emphasis
has been placed on the demunstration that the numerical schemes are indeed an accurate
representation of the equations upon which they are based. At a minimum, the sensitivity
to grid size should be examined, and, particularly for turbulent interacting flows, an
analysis of the characteristic scale lengths, like that employed in triple deck theory,
should be performed to aid in grid positioning.

The complexity oi turbulert interaction regions makes it essential that detailed
information from experiments be used to construct realistic models of the turbulent
tronsport mechanisms. The harsh aerothermal environment in hypersonic turbulent
interacting flows makes delicate proving of these flows difficult, and because the typical
natural frequencies in these flows are of the order of 500 kHz, the instrumentation
and recording requirements for capturing fluctuating features of the flow are far from
simple, Whule skin friction and heat transfer measurements are useful in the evaluation
of turbulence modeling techniques, employing comparisons with surface pressure data
to support the models used in a Navier-Stokes code is a weak verification.

The complexity of the flow field in regions of shock wave/turbulent boundary
layer interaction is such that it is unrealistic to expect to describe such regions in any
detail within the framework of the boundary layer equations. Indeed, there are some

who would question whether the time- or mass-avetaged Navier-Stokes equations capture

1




s

Dals

the basic fluid mechanics associated with the intrinsically unsteady nature of separated
regions. In hyperscnic flows, the effects of compressibility on the structure and

deveiopment of turbulence must also be considered.

&
5'}';1 While there have been sirenuous efforts to obtain predictions of two-dimensional
? and three-dimensional turbulent interaction regions, it is currently recognized that
R "successes" with the "Navier-Stokes" code in describing some three-dimensional turbulent
3; interaction regions are a result of the dominance of the pressure and inertial terms in
" these flows. In two recent studies,‘,2 it was shown that turbulence modeling could be
H‘z changed signficantly without significanily changing the nunierical solution for a three-
" dimensional interaction rvegion. For two-dimensional interactions, it appears that
;:j: turbulence modeling 12 more critical. To obtain good agreement for thise latter flows,
some very gross assum.ptions must be made in the turbulunce model. Shang and Hankey3,
1 for example, chose to apply an empirical relationship (selected by matching the length
ot the separated region) to rapidly decrease the turbulent scale size through the
g}: interaction region, Horstmann", however, found the best agreement with Settles?
" measurements in wedge-induced separated regions using a two-equation model for
4: ) turbulence scale size and vorticity, Working with this same turbulence model, however,
' E Horstmann was unable to predict the occurrence of separation on two incident
shock/turbulent boundary layer configurations studied by Holden® at Mach 11.2. In the
: latter studies, for flows which were clearly separated, the numerical solution failed to
" predict the characteristic plateaus in either the heat transfer or pressure distributions.
’ The modeling of turbuience in separated interaction regions at hypersonic Mach numbers
- should account for the effects of compressibility and the generation of turbulence by
C et the unsicady movement of the incident and induced shocks as they traverse and interact
K with a major region of the turbulent boundary layer and the unsteady movement of
£ the separated region. Clearly, further detailed experimental work on insightful
" theoretical modeling is required to develop numerical prediction techniques which are
. capable of describing separated turbulent interaction regions in hypersonic flow.
)
X
In this report, Section 2 describes the use of "parabolized" (or "thin-layer")
::, Navier-Stokes equations to solve turbulent flow equations and existing differing schemes
to solve Navier-Stokes equations, Section 3 describes how models and instruments were
o developed and used to obtain detailed measurements of the profile characteristics of
" a turbulent boundary layer ahead of and through regions of flow separation induced by
" shock wave/boundary layer interaction over a cone/flare configuration. Section 4

2
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presents the results of the application of laser holography to measure viscous flow
interactions in hypersonic shock tunnel flows. Section 5 summarizes the research
conducted under the current contract to investigate fundamental problems asscciated
with flight at hypersonic speeds with emphasis placed on aerothermal effects of
viscous/inviscid interactions and boundary layer transition. Section 6 provides a list of
references. Two appendices provide copies of papers on aerothermal problems associated
with hypersonic flight that were presented by Dr. M.S. Holden at the AIAA 24th

Aerospace Science Meetings.

-

by by o4 Lt SOE O

AL

-
P
(1 B 4

CY

-

QW

AT CC AT

ki

ek e’ g g & RSB & SRR} S o Sle 25 S SE BRSBTS B g N S S SE o op ae il ) [ S N s e it 25 6

LA A DR N A NS e B R e T W T I N e

PR S ¥

»f



o e S LS
ek S

3 |

e
E -l

Section 2
SUMMARY OF EXISTING SOLUTION TECHNIQUES

2.1 INTRODUCTION

While the Navier-Stokes equations were formulated nearly 140 years ago, only
recently has computational speed increased enough to handle the entire set of
simultaneous differential equations. Even with the advent of the new generation "super"
computers (e.g., CRAY1, CRAYXMP, CDC7600, new generation array processors, etc.),
economics remains a major consideration. Chapman7, however, notes that the cost of
these types of calculations has been decreasing by a factor of ten every eight years.
It may be just a matter of time before these types of large numerical simulations are

of some consequential value to practical engineering problems.

In most turbulent flow applications, the Navier-Stokes equations are simplified
by Reynolds time averaging. We are then faced with the difficult task of developing
a mode] for turbulence. There have been many approaches to the turbulent closure
problem, from simple algebraic closure to various two-equation models (e.g., k-e, k-w,
see Anderson and Tannehillg, Tennekes and Lumley9, Jones and Launderlo), and the
Reynolds stress equations. The lack of progress is threefold. One, we lack the physical
understanding to model these complex turbulent flows. Two, we lack the computational
resources to deal with so-called higher order turbulence models, which add nine more
unknowns (in an incompressible flow) and two or three more equations. Three, we still
lack the ability to solve the laminar portion of the Navier-Stokes equations in an
efficient and accurate manner. Most existing differencing schemes (which will be
discussed here) are second-order accurate with various restrictions applied by the

numerical stability,

There are several levels of complexity of Navier-Stokes equations which fall
between a full Navier-Stokes equation (Figure 1) and a boundary layer equation. Common
names for thesez types of equations are "parabolized" Navier-Stokes equations and "thin-
layer" Navier-Stokes equations. These sets of equations are characterized by their
applicability in both viscous and inviscid flow regions; they all contain the normal
pressure te'ms which are usually dropped in any boundary layer formulation.

4
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To arrive at the thin layer approximation shown in Figure 1, a scaling argument
is used (see Anderson and Tannehill), and terms on the order of I/ReL and smaller
are neglected. All viscous ternis containing derivatives parallel t. the wall are dropped
because they are substantially smaller than those viscous terms normal to the wall, If
this same argument were to be used for the normal (y) direction, the equation could
be reduced to dp/dy=0. For this approximation to handle a possible flow reversal, it
is necessary to retain all terms in the momentum equations except for the viscous
terms parallel to the flow (the upstream diffusion terms). The final set of equations is
as shown in Figure i, in the Cartesian coordinate system. This mixed set of hyperbolic-
parabolic partial differential equations is solved instead of the elliptic-hyperbolic partial
differential equations, using a "time-dependent" approach. The overall complexity of
the equations is reduced, but the difficulty ol solvirg a hyperbolic system still remains.

The parabolized Navier-Stokes equations are derived using an argument similar
to that employed to derive the thin-layer equations. An asymptotic expansion (see
Karvorkin and Colell) is performed (Rudman and Rubin!2) with the Navier-Stokes
equations, and all of the terms exhibiting characteristic order of magnitude of (1/8 *2)
or higher are retained. The norma; pressure gradient terms are deleted from the x-
momentum equation, which restricts the solutions of the flows without upstream
influences. The most commonly used form of the parabolized Navier-Stokes equations
{formulated by Chengl3) contains the streamwise pressure gradient term. Thus, the
mosy common form of this type of equation is obtained by assuming that only the
streamwise viscous derivative terms and the heat flux terms are negligible compared
tc the normal transverse viscous derivative terms., The parabolized Navier-Stokes
equations are derived by dropping all viscous and heat flux terms containing partial
derivatives with respect to the streamwise direction, from a steady Navier-Stokes

equation. A set of parabolized Navier-Stokes equations is shown in Figure 1.
2.2 COMPARISONS WITH MEASUREMENTS IN HYPERSONIC FLOW

The majority of the efforts made in the numerical simulations at CUBRC were
geared toward understanding and utilizing existing differencing schemes for solving the
Navier-Stokes equations, The initial efforts included obtaining a code that utilized an
explicit type of differencing scheme and running it to simulate a set of laminar
shock/boundary .ayer interaction problems. The MacCormack-Shang-Hankey code was
obtained from J. Shang of Wright-Patterson AFB. It is a straightforward application

5
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) of the MacCormack explicit differencing scheme, which was vectorized to use the

CRAY's high-speed vector processing (Shangl#4), There were some modifications made
g on the pressure damping terms to handle the sharp leading edge problem.
§§ The governing equations are in vector form:
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Then the governing equations are transformed into an orthogonal coordinate

1 g system based on generalized transformation, as proposed by Viviand!?, which made it
R easier to handle arbitrary geometry.
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‘3, The numerical scheme applied is, as noted previously, MacCormack's1é explicit
schemie,
4 E et [ mN
"z Predictor: U,‘-';: ? Aq‘ — L 544-1_3 4? A% 58‘ FA-?«I-:("’K;)

3

W ey MWM m+t :;m\
Corrector: ) _i M“ ~ A* M... _At ]

The num,erical stability ccndition proposed by MacCormacki® is also wutilized by
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this code.
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The fourth-order pressure damping was used to add a dissipztive control to the

numerical instabilities as proposed by Shang”.
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The turbulence model used is an aigebraic model proposed by Baldwin and

S B
‘
B2
.

Lomax!8,

e

2 (€+u) %’3? ~Ce (5 Pﬁ) 2y

ey

%

where: €= 3(kvD)*Jw|  K=04 Y= wovmaldis.
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Thus far, we have made a considerable effort in trying to obtain a set of solutions

for Holden's!? laminar shock/boundary layer interaction problem for which a similar

type of numerical siudy already exists (Hung and MacCormack20). After a considerable

3 HE%

amount of "extra" effort, we were able to obtain a solution for the flat plate section
of the probiem. These "extra" efforts include applications of two new mesh systems:
ore mesh system near the wall to resolve the length scale problem within the viscous
layer, and the second mesh system near the leading edge of the flat plate to resolve

iength scales near a sharp leading edge. The leading edge mesh system was on the

s
X2

order of 1076 feet in size, and the wall mesh system was 10-3 feet, which proved to

be small enough to resolve all required length scales within the problem. The sharp

leading edge problem is especially difficult for explicit type schemes, but unless it is

resolveq, the explicit calculations will not be able to proceed. The explicit schemes

o,
=

require that the time marching is done at the smallest length scale of the problem,

as stated previously, and if the smallest length scale is not resolved, time marching

TR S T A TS

will cause the numerics to overshoot the physics, resulting in a nurnerical instabiiity.

i o, g VAL W W P WP 4 Wy g K e I 6 b ey < Y

E O Once these length scales were resolved, we were able to obtain, with considerahle
computational time, a set of solutions for the flat plate portion of the shock boundary

interaction problem. The calculated skin friction and heat transfer data are shown in

j Figures 2 and 3. These figures show good agreement with Holden's early experimental
o data,20A
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Section 3
EXPERIMENTAL PRCGRAM

3.1 PROGRAM OBIJECTIVE AND DESIGN CF THE EXPERIMENTAL STUDY

The major objective of the current study was to develop and use models and
instrumentation to obtain detailed measurements of the prefile characteristics of a
turbulent boundary layer ahead of and through regions of flow separation induced by
shock wave/boundary layer interaction over a cone/flare configuration. Such
measurements are of key impcortance in the evaluation of the theoretical modeling of
the turbulent separation process in hypersonic flows. As discussed in the introduction,
current turbulence models apparently are incapable of describing the d elopment of
turbuience in regions of sircng pressure gradients and boundary layer separation in
hypersonic flow, possibly because of compressibility, shock/turbulence interacticn, or
unsteady effects under hypersonic highly cooled wall conditions. In hypersonic high-
Reynolds-number flows over highly cooled walls, the "wall layer", in which our earlier
studies have suggested separation first takes place, and which contains the principal
information on the character of the boundary layer, is very thin. Consequently,
boundary layer thicknesses of ove: one inch are required to enable this layer to be
probad with the required resolution. While the turbulent Loundary layers on the walls
of hypersoric nozzles have been used as the source of thick turbulent boundary layers
in experimental studies, it has been shown that significant turbulent nonequilibrium
effects can evist in these nozzle flows2!. The distortion of the structure and turbulent
characteristics of the boundary layer generated througi the strong expansion in the
nozzle ~an persist well downstream of the nozzle exit plane and can significantly
influence the characteristics of a separating turbulent boundary layer. For this reason,
we elected to perform studies to examine the characteristics of the turbulent boundary
ahead of and in regions oi shock wave/boundary layer interaction on a large slender
cone/flare configuration in the large contoured "D" nozzle in the 96-inch Shock Tunnel.
The technique employved in the design of the "D" nozzle, and indeed, most contoured
nozzles, is such that the test core is a cone-shaped region of uniform flow which
originates well upstream of the exit plane. Thus, by designing a conical model so that
it can be fit within this uniform conical region, it is possible to develop a constant
pressure boundary layer over a large conical model that extends well into the contoured
nozzle. The ultimate objective of this study was to obtain both mean and fluctuation

measurements on the surface and across the turbulent layer. However, during this
13
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phase of the study, we concentrated on obtaining measurements of the mean properties
across the viscous layer, more specifically to obtain measurements of the pitot pressure,
total temperature, total heat transfer rate and, using holographic interferometry, the

mean density distribution.
3.2 MODELS AND INSTRUMENTATION

The experimental studies were conducted at Mach numbers of 11 and 13 in the
large contoured "D" nozzle in the Calspan 96-inch Shock Tunnel. As discussed in
subsection 3.1, the large conical region of uniform flow that extends well up into the
contoured "D" nozzle allows us to generate a constant pressure boundary layer on a

conical model which extends into the nozzle.

For these studies, we selccted the large 6-degree cone with flares of 30 and 36
degrees attached at its base, The cone/fiare configuration is shown in Figure 4. The
cone angle and length were selected on the basis of calculations to achieve the maximum
length over which uniform constant pressure flow could be established within the further
constraints of tunnel blockage and sting loading. A diagram of the cone/flare .nodel
and its positioning within the "D" nozzle is shown in Figure 5. Previously,?! we
demonstrated that this large model could he used to produce the required flow, we
obtained pressure and heat transfer measureinents for this model equipped with both
sharp and blunt nosetips. The gocd agrerment between the measured pressure and heat
transfer distribution and theory for these configurations, shown in Figures 6 through 9,
demorstrates that the design and positioning of the model produced the requirzd testing
environment. Schiieren photographs uf the flow field for these cases are shown in

Figures 10 and 1].

2.2.1 Heat Transfer Instrumentation

Platinum thin-film irstrumentation was used to obtain heat trensfer measurements
on the surface of the flut plate/cone medel and as the sensing eiement of the 0.05-:nch-
diameter siagnation heating probes. [ezceusz this gage has a megahertz Irequency
response, it can be used to examinve the unsteady characteristics of the turbuient
boundary layer and separated region. The large gradienis that are generated aleng the
walls and in the flow in the separation and reattachment region of shock wave/boundary
layer interactions make it essential that distortion of the heat transfer distribution

14
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Figure 4 SHARP 6° CONE/30° FLARE MODEL INSTALLED IN CALSPAN'S 96"
SHOCK TUNNEL
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Figure 10a ATTACHED FLOW OVER CONE/FLARE CONFIGURATION, M = 11
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Figure 10b SEPARATED FLOW OVER CONE/FLARE CONFIGURATION, M = 11
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. B
(s resulting from lateral heat conduction be minimized by employing models constructed
f ) with low conductivity materials. The pyrex-backed, thin-film gages with their high
; g resolution, sensitivity and frequency response are almost ideal for this type of study.
3 The platinum thin-film probes (Figure }2) were used, in conjunction with the total
] % temperature instrumentation, to examine the structure of the turbulent boundary layer
S and shear layer.
i 3.2,2 Pitot and Static Pressure Instrumentation
g : 1 We used Calspan piezoelectric pressure transducers mounted in pitot pressure
f rakes, beneath orifices in the model surface, to obtain the mean pitot pressure through
) \% the boundary layer and along the surface. The pitot pressure gages (Figure 12) had
n 0.030-inch orifices and were staggered to achieve a transverse spacing of 0.0l10 inch
. @ at the base of the boundary layer.
? ‘(}'3 3.2.3 Total Temperature Instrumentdtion
! o
R A significant effort was dcvoted to the design and development of a total
3 g temperature gage which responded within 3 milliseconds, withstood the large static and
y dynamic pressures generated in regions of shock/boundary layer interaction in the shock
E}: tunncl flows, and was small enough to resolve the total temperature in the wall layer,
The resuit of this cevelopment was a gage 0.030 inch in diameter which used 2
- !‘ 0.0005-inch, butt-welded iron/constantin thermocouple in the arrangement shown
Ej * schematically in Figure 13. The typical response of one of these gages (Figure 14)
1 o clearly shows that we have adequate time to obtain accurate measurements. A small
L X amount (~2%) of radiation is applied and this factor is checked for measurements in
s the freestream where the total temperature is known accurately., The gages are
: 2 deployed in a staggered array (Figure 12) similar to that employed for the pitot pressure
E I’ gages.
e
7 3.2.4 Test Conditions an¢ Model Configurations
; :::

The experimental studies were conducted at Mach 11, 13 and 16 for Reynolds
o nusmbers from 30 x 10° to 80 x 106. Under these conditions, the boundary layer is
y 1

fully turbulent well upstream of the cone/ilare junction and, as di-cussed in the following
sections, the measurements of heat transfer were in good agreement with prediction

21
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(
techniques based on a large amount of measurements on highly cooled walis in high-

Reynclds-number hypersonic flows. The test conditions at which the studies were v

conducted are listed in Table .

e
W

RESULTS AND DISCUSSION

W)

The experimental program had two objectives. First, we sought to genercte a

==

model and environment in which we could establish a thick, well-developed turbulent {

E boundary layer that had developed under constant pressure conditions. We then sought ;
@ to design, develop and use instrumentation to obtain profile measurements--first, in the

* {

constant pressure boundary layer, and then, in regions of strong adverse pressure gradient ‘

in regions of shock wave/boundary layer interaction generated at a cone/flare junction.

We planned to use two cone/flare junctions: one (a 30-degree flare) which promoted a !

flow close to incipient separation, and a second (a 36-degree flare) which promoted 2

=2

well separated flow.

4

o,

The measurements of the heat transfer and pressure distributions over the two
cone/flare configurations are shown in Figures 6 through 9. The corresponding schlieren

photographs are presented in Figures 10 and !i. The measurernents of the prussuve
along the entire length of the cone were in good agreement with predictions based on
Sim's solutions for a sharp cone, and the pressures at the back of the flare were in
good agreement with calculations based on an inviscid shock compression from the cone
to the flare (Figures 7 and 8).

4
L}

Tl EBSE W

A
-

Flow fiele surveys were made to determine the distribution of pitot pressure,

b . . . .

va total temperature and total heat at a number of stations through the interaction region
. at each of the flow conditions described above. Figures 15 and 16 show the pitot and
1 §; total temperature measurements for the Mach 11 condition with a 30-degree flare,

The profiles that were obtained at 2, 1.2, 0.8, and 0 inches ahead of the cone/flare
junction indicate that there is very little upstream influence at this condition. (A

3

similar set of measurements for the 36-degree flare is shown in Figures 17 and 18.)
The Mach number and velocity profiles shown in Figures 19 and 20 were determined

AT
Py Ay

from the inverse relationships:

o
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Table 1
TEST CONDITIONS, LARGE 6° CONE

i AIR Ny

RUNS 34,8 6,7 9 615
Mi 33456400 | 3.633E+00 | A.200E+00 | 2.635E+00
PO PSIA 7.216E403 | 1.760E+04 | 1.708E+04 | 5.430E+03
HO FT2/SEC2 1.825E407 | 21475407 | 279EE+07 | 1.287E+07
T0 °R 27176403 | 3.104E+03 | 38756403 | 1.930E+03
M 1.096E+01 | 1.301E+01 | 15438401 | 1.111E+01
U FT/SEC §922E403 | G6.458E+03 | 7.404E+03 | A4.981E+03
TOR 1.214E402 | 10266402 | 0E74E+01 | 8.085E4D1
PFSIA 917202 | 7.345E-02 1.860E-02 6.698E-02
QPSIA 7.721E400 | 8712E+00 | 3.1G4E+00 | 5.800E+00
RHO SLUGS/FT3 | 6.340E-05 6.038E-05 1.631E-05 6.734E-05
L SLUGS/FT-SEC | 1.021E:07 £.634E-08 8.054E-08 6.783E-08
RE/FT 3.680E406 | A4.544E+06 | 1.490E+06 | 4.945E+06
PITOT PSIA 1.431E401 | 1.6108401 | 5.798E+00 | 1.070E+01
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These measurements are compared with the Crocco relationship between enthalpy
and velocity in Figure 21. It is clear that our measurements follow a parabolic
relationship:

X A
Prove (r+f)Mp" [¥2 2T S L

Pocancone | 2 WMT-(Y-1)
N 2
Up .. M \]"'Ob \/“(!T-)M?

Ue - Me \| Toe 1+<§_‘:_21_ M%

rather than Crocco's linear relationship:

u ? u 2
LI CORNC

where: A= [ <8~1>Me _‘w]o.s
ool @5 -]

In the past, it has been assumed that the "fuller than Crocco" velocity profile obtained
in studies over tunnel walls was associated with turbulent nonequilibrium effects
associated with the strong favorable pressure gradient upstream on the nozzle wall;2!
however, no such explanation can be advanced to explain our results.

Of the transiormation techniques that have been postulated to cast the
compressible flow measurements into an equivalent incompressible form, the relationships
derived by Van Driest have received the greatest support. Van Driest starts with the
assumption that the Crocco 1elationship is valid and uses the mixing length theory to
calculate the Reynolds stresses in the flow. By inspection, the transformation, is
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The appropriate form of the incompressible law of the wall relationship is

_u¥
Ut

+

ut= :-a-hy'*—?-c

However, because the wake region of the flow is so extensive, Maise and McDonald22
have suggested that Coles23 wake function be included:

+uX_ 4, & T (.L
u=-=?M9+C+KW 8)

t‘ 7} ut
i
,ﬁ They, in fact, suggest a defect form of this relationship:
ug ~u¥

()

Comparisons between our measurements in each of the incompressible formats are

I |
Tz

>t ” Tl X A
T AT A T T
b
-

shown in Figures 22 and 23, It is clear that the transform is not as successful at
these high Mach numbers as it has been below Mach 5, Comparisons between the
measurements and these prediction techniques in the compressible plane are shown in

X
R
;
I
{
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Y
:
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:;
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‘t.
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A
:
»

Figure 24, It can be seen that this is a relatively insensitive way of examining the

\ measurements.,

N ET KT WD

gﬁé W.. are concerned with the differences between the current set of measurements
and the prediction techniques. We will attempt to check our measurements against
more sophisticated prediction techniques and density measurements obtained with
holographuc interferometry, We also plan further refinement of the instrumentation to
x more effectively probe the wall layer.
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Section 4

PRELIMINARY APPLICATIONS OF HOLOGRAPHIC INTERFEROMETRY
TO STUDY HYPERSONIC REGIONS OF SHOCK WAVE/
BOUNDARY LAYER INTERACTION

@

=8

4,1 INTRODUCTION

This section documents the findings of an initial application of pulse laser
holography to study hypersonic turbulent boundary layer interactions, especially in regions

of strong pressure gradients. One important objective is to provide detailed information

B =5

on the mechanism of flow separation in regions of shock wave/ boundary layer interaction
in hypersonic flows. In previous studies, miniature probes were developed and used to
examine the structure of turbulent boundary layers in high Mach number, high Reynolds

number hypersonic flows. The extremely large heat transfer rates and stresses developed

A

on the tiny probes in these flows make this task difficult, and wall interference problems

FaY
A

near the model surface present important concern for the accuracy of the measurements,

A

Hence, exploring these flows with non-intrusive, optical techniques is very desirable.

Holographic interferometry is a potentially worthwhile measuring technique,
because it is nonintrusive and offers the potential to capture information of the entire

flow field in a single instantaneous exposure. To the uninitiated, the term "holographic"

4 - S

in holographic interferometry might be thought to imply that this technique is capable

of measuring densities in streamwise slices of the flow. However, this is not the case,

because the fringe shifts result from an integration of the density changes along the
path traversed by the laser light waves. Thus, as in conventional Mach-Zehnder

h- interferometry, distortions resulting from two-dimensional effects, surface refraction,
diffraction and more importantly, the intrinsic unsteady three-dimensional structure of
o a turbulent flow can result in uncertainty in the interpretation of the optical
b
measurements, Edge effects are of special concern when this technique is used to
& examine separated flows over two-dimensional models, because three-dimensional effects
LYY
o are induced by the separated region at the edges of the model,
‘p’.
Y
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4,2 LASER HOLOGRAPHIC SYSTEM

The holographic recording system2% (Figure 25) was loaned to CUBRC (Calspan-
UB Research Center, Buffalo, NY) by the Air Force Flight Dynamics Laboratory (AFFDL),
Wright-Patterson Air Force Base, Ohio.

4,2,1 Basic System

The holegrams obtained during this study are made with a pulsed ruby laser that
is Q-switched passively with a dye cell to produce single 25-nanosecond (nominal) light
pulses. Both single plate and dual plate techniques are required to record holograms,
which are subsequently used in the playback step to obtain shadowgrams, schlieren
photographs and interferograms of the shock tunnel tests. The optical reference
conditions are taken for both atmospheric and tunnel "pump down" conditions; the latter
condition is needed to assess the optical effect of loading the test chamber windows.
During the actual recording of the holograms, the shock tunnel test section is nearly

at vacuum condition, which means that the windows are stressed by atmospheric pressure,

4.2.2 Shock Tunnel Installation

The holographic system is positioned and aligned with the Toepier schlieren
system of the shock tunnel facility. A 20-power microscope objective is used to expand
the ..ser peam to {fill a 15-inch diameter parabolic mirror. A pin hole is not required
to spaticily filter the laser beam. A collimated beam reflected from the parabolic
mirror is directed through the windows of the shock tunnel, captured by a second
parabolic reflector on the opposite side of the tunnel, and directed toward the hologram
recording plane. The holographic reference beam is split from the output beam of the
ruby laser by a 30 to 70 percent beam splitter, Thirty percent of the incident radiation
is reflected from the front surface of the beam splitter; this light is used to establish
the scene bearn, and the remaining 70 percent is directed over the shock tunnel by
specially built beam elevation towers. The holographic reference beam is collimated by
a beam expander-collimator positioned approximately 7 inches ahead of the hologram
recording plane, Natural divergence of the ruby laser beam causes an approximate 50
percent reduction in the intensity of the light entering the collimator, so the net
intensities of the scene and reference beams in the hologram plane are nearly equal.
The AFFDL dual plate hologram holder?? is used to hold and align the holograms, and it
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is positioned so that the converging light waves of the scene beam illuminate a l-inch

circular area in the hologram plane; the collimated reference waves illuminate a 2-

A et e

inch circular area, and both beams are aligned relative to the hologram rzc-~rding plan2

&

so that the light waves of the scene beam are centered upon the light waves of the
reference beam. Further, the holder is positioned so that the incident angles of both
beams are 20 degrees relative to normal to the holograms. The path length of each
beam is approximately 53 feet, and both path lengths are adjusted to be equal to within

=

RF TR

RS o

&5

2 inches.

TN

The ruby laser in the recording system is a Korad, single-oscillator system that
is passively Q-switched with a Kryptocine dye cell. The bank voltage applied to the
flash lamp and the dye concentration in the dye cell are adjusted so that the laser ermits

o

RS

o

a single pulse energy of 25 millijoules in 25 to 50 nanoseconds, nominally. The output
beam is 0.06 inch in diameter at the front reflector of the ruby laser cavity. The laser

is remotely charged, and once armed, the laser firing circuit is triggered from a voltage

spike induced by the rupture pressure at the end of the driver section of the shock

5N

.

tunnel. The duration of usable flow in the shock tunnel for these tests is approximately
5 milliseconds, and the triggering circuit is adjusted to cause the laser to fire near

i the center of this period (2.7 to 2.8 ms, typically). A 15-milliwatt, continuous-wave
‘ (CW), helium neon laser is mounted behind the rear reflector of the ruby laser cavity
3 E?ﬁ and is aligned so that both laser beams are coaxial. The CW laser is used to align all
R fy

the components in the recording system, and to preview the holograms in situ prior to

g analyzing them in detail using a separate playback system.
L)

Figure 26 shows the hologram playback system.2% A duplication of the holographic
reference beam is established by directing the output of an argon ion, CW laser into
a beam expander-collimator similar to the one used in the recording system. The same
Y dual hologram holder is used to position the holograms, and a positive, /8 lens is used

I
TITRTRN . DN LA R TN TN, S A TR S Ry AT p PR I AT GO T S, AR R e N T R S TR T SIS e A SR T T Tt

to image the reconstructed object light waves directly into the field of a 20X telescope.
Py
;C, The 20X telescope is the imaging component of an x-y microcomparator. This system

is used to measure the interferometric fringe shifts for both single plate and dual plate

“aT e T B

iy applications, as well as to obtain photographic enlargements of selected apertures for
the flow fields, This latter feature is especially valuable, because it allows details of
the flow, which are otherwise invisible, to be observed and studied. Alternatively, a
Graflex camera with a & x 5 Polaroid film holder is used in place of the microcomparator
to photograph the full-aperture views of the flow fields. During hologram playback,
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the reconstructed light waves converge from the holograms to form a duplication of

the true focus of the second parabolic reflector in the recording system, permitting

schlieren studies to be accomplished at leisure.

With the exception of one test for the 2-D compression ramp configuration, dual
hologram interferometry2> is the primary optical process used in this study.
Interferograms of the flows are obtained by interfering light waves produced

: simultaneously from a test hologram and a reference state hologram; shadowgrams and
b schlieren results are obtained directly from the test holograms. A test hologram is a

- '3
k E: recording of a specific shuck tunnel test, while a reference state hologram is a recording

3
:
i
i
:
r,
\
;

of a no-flow, model-out condition in the test section for either atmospheric or pump-

&i down states. The test section of the shock tunnel is pumped to near vacuum levels ?:‘)
B for each test, and the pump-down reference state hologram is used to negate the ;
s g effects of stress in the test section windows. A one-atmosphere pressure loading is ",
supported by each window during a test. For these tests, window stress appears to have E\

a negligible effect on the optical measurements, because the reference waves of both 'i

=2

types of reference state holograms produce identical interferograms. For this study,
the reference state holograms are the lead holograms in the dual plate alignment so

O

B oo L

that during the hologram playback step, the reconstructed reference waves are generated
first and pass through the test hologram. This alignment allows the reconstructed test
waves to propagate freely from the hologram into the data recording/analyzing system,
Glass compensators, which would correct the lateral shift of the reference light waves,
are not placed in front of the test holograms during the recording step, because this
ray shifting is small enough to be corrected by the final alignment of the holograms

during the playback step.
4.3  MODELS, INSTRUMENTATION AND TEST COMNDITIONS

The models and instrumentation used in this investigation, and the conditions at
which the experiments are conducted, are selected on the basis of the knowledge
accumulaied from a large number of studies over the past 15 years. The flow fields
over the configurations selected are known to exhibit definitive features in the separation

and reattachment regions as well as definitively formed separated regions,

Studies of the characteristics of incident shock-induced turbulent boundary layer
separation have been made at Mach numbers from 6 to 13 (Ref. 26) with the model
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shown in Figure 27. The strength of the interaction is controlled by the angle of the
3 shock generator, and the boundary thickness is varied by changing the length of the

flat plate. The flat plate, which is 18 inches wide, is extensively instrumented with

heat transfer and pressure gages along the centerline and also along selected spanwise

L W% rays. A shock generator angle of 15 degrees and a flat plate length of 38 inches ahead
3 b of the interaction is the basic configuration used in these tests. This configuration gives
o a well separated region and well defined heat transfer and pressure distributions.
1
-’ - Studies of the flow over the compression surface are conducted using the flat
3 :\1’5 plate/wedge model shown in Figure 28, This model, which has been used in a number
of studies of laminar and turbulent interacting flows27, uses a major part of the
g:ﬂ instrumentation from the shock generator model described above. A wedge angle of

36 degrees is selected for the current measurements, again to obtain a well separated

@ flow,

”’
3 Fn T S U, OO TN T K K S P Ay € T R K B K R R TN T IR W H TR ) I:IC)%‘

o The large cone fiare model shown in Figure 4 is used for measurements over an
Yo

b ! . . . . .

B axisymmetric configuration for which the transverse curvature effects are small. A

9-foot long, 6° half-angle cone with a 36° flare is used in these studies. This

-rw

configuration is selected so that the flow field surveys made through the boundary
layer and separated region just ahead of the flare can be compared to the results in

a complementary study.

These experimental studies are conducted in Calspan's 96" Shock Tunnel at Mach
numbers 11 and 13 and at the respective F.eynolds numbers listed in Table 2. The

boundary layers are completely turbulent well upstream of the interactions.
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Table 2
TEST CONDITIONS FOR EXPERIMENTAL STUDIES

Flat Plate/ Incident Cone/
Wedge Shock Flare

Mach Number 11.34 11.34 13.06

Reynolds Number 1.7017E7 1.039E7 5.071E6
Reservoir Temperature (°R) 2.564E3 2.585E3 3.005E3
Reservoir Pressure (psia) 1.739E4 1.721E4 1.836E4
Freestream Velocity (ft/s) 5.079E3 5.5735E2 6.340E3

Freestream Density (slugs/ft) 1.662E-4 1.621E4-4 6.593E-5

A2

Freestream Temperature (°R) 1.053E2 1.064E2 9.797E1

B

Freestream Pressure (psia) 2.085E-1 2.056E-1 7.696E-2

Sy
il

Pitot Pressure (psia) 3.481E1 3.428E1 1.709E1
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4.4  RESULTS AND DISCUSSION

4.4.1 Comparison to Flat Plate Theory

To evaluate the accuracy of deducing density from the interferograms, detailed
fringe shift measurements are made for the turbulent boundary layer approximately &
inches upstream of the corner interaction (Figure 29). These results are compared with
simple prediction methods for hypersonic turbulent boundary layers over a flat plate
with a sharp leading edge. To maintain the greatest accuracy, the measurements are
made by directly viewing the holographically reconstructed image with an x-y
microcomparator. These measurements are compared with predictions based on the
Van Driest compressibility transformation of the Clauser/Cole incompressible velocity

profiles and a modified Crocco relationship.28

4.4.,2 Reduction of Interferometer Measurements

The reduction of interferometric measurements to density for a 2-D flow f{field is

a linear relationship between density and fringe shift which is written as,

S = KI%G/[ (/p_/o ref) (1)

where: S = measured fringe shift,

dimensionless

Dale Gladstone constant

A
o
(9]

"

A = wavelength of light

f = extent of 2-D field traversed
by light waves

relative change in density between

- ref

the reference point and the

point where S is measured
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Normally, 4 is assumed to be the geometric length of the field in the direction of the
light waves, but rarely is this the case for wind tunnel applications. When the model
is bounded by vertical sidewalls, the extent of the 2-D field is less than the geometric
width of the model, and the numerical value for . in Equation (1) is reduced usually by
an estimation for the boundary layer displacement thickness of the sidewall boundary
layers. The opposite is true for models placed in the core of a free jet, as is the
case here. Because the flow is unconstrained in the lateral direction (no sidewalls),
the density has to be continuous around the surfaces of the model. The model develops
boundary layers along its sides similar to the boundary layer developed on the testing
surface. In the absence of shock waves, all fluid properties, as well as the streamlines
in these boundary layers, are continuous around the edges of the model, because the
boundary layers are connected. This condition makes the extent of the 2-D field wider
than the geometric length of the model, and the precise increase in 2 is unknown. In
tne present case, a theoretical maximum fringe shift across the boundary layer (Spay)
of 10.2 is computed from Equation (1) using the “~ /A, as prescribed by shock tunnel
flow field conditions, but the maximum S measured from the interferogram is 10.59,
The density of the freestream and the flow at the wall are known from other data, and
the optical constants are known from physics. The additional 0.39 fringe shift is
believed to be due to the influence of the edge conditions. To have agreement between
the theoretical and measured Syaxs £ has to be 0.56 inch longer than the 18 inch width
of the flat plate. If the 0.56 inch increase in Lis ignored, and the fringe data are
reduced using the freestream conditions, the interferometric measurements predict Ty,
= 6439R, which is impossible] At the start of a test, the model temperature is nearly
the same as the ambient temperature--531 to 540CR, typically--and even for extreme
heat transfer rates, the model temperature remains constant for the 5-ms duration of
the test. Hence, the additional 0.39 fringe shifts are likely due to edge effects.

As an initial treatment, J in Equation (1) is assumed to be 0.56-inch longer than
the plate width so that there is agreement in the S measureme::ts from the freestream
to the model surface, Although incorrect, this simple choice for 4 provides a starting
point to show the general trend of the density distribution, as well as a starting point
from which the influence of the edge effects might be determined; more realistic
corrective methods are being studied as reduction and analyses of these data continues.
For now, with both S; 4 and/,o-y"’vspeciiied, the quantity (KDG/Z)/in Equation (1)
is known, and, hence, the density at all measured S locations is
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Equz.aon (2) is used to compute the experimental density distribution shown in Figure 30. !

2

For a steady flo~, the distribution would be a reasonably smooth, monotonic function.

5

o The wall anomalies in the actual distribution are believed to result from the instanteous

measurements of the unsteadiness in the flow.

The comparisons between theoretical and experimental data are shown in

=B

Figure 31. The difficulty in the accurate reduction of the measurements close to the

oW

wall is reflected in densities that are larger than the wall value just above the flat

[

plate, For a constant pressure boundary layer, this would result in temperatures at

e e e s i 3 o e g g

the base of the boundary layer which are lower than the wall temperature, which would

- m T
e

result in heat transier from the wall to the flow. This result is impossible for this

- — o —

case, and the heat transfer measurements show this is clearly not true.

Using the Van Driest compressibility transformation

Is -’ZA( 7=)8 4 B
A (BZ+4_A1\,/2 'f'A 1Y) (Bz+4A2)f/£ (3)

L
Ue

where

Te '
A2 = mc-r s B = Cf'f/ﬂe)'— -1 and me—rlTMe
together with Coles modification of the Clauser incompressible relationship

A R (12 oo (£
SRS et w(s')

o e e e g i et e

and the generalized Crocco relationship

Te - Q
_TT.;; =1+ [(/-Ct)(l+076)7-;-,- r] L+

(4)
[C't (I+me) 1] me(u
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where Ct = 0 for a linear relationship and Ct = 0.5 for a parabolic form. Close to
the wall, the measurements exhibit the anticipated lower values associated with a local

peak in temperature close to the wall.

The distribution of velocity through the boundary layer can be calculated from
the measured density distribution by using the modified Crocco relationship (Equation
4). These calculations for Ct = 0 and 0.5 together with the Van Driest transformed
Clauser/Cole relationship are shown in Figure 31. The velocities deduced from the
measurernents are significantly larger than the predicted values and those deduced from
pitot and total temperature measurements obtained in an earlier Calspan study.28 This

result is consistent with the density discrepancies.

Clearly, a closer examination of refraction and edge effects as well as the data

reduction technique, are required. In retrospect, a better approach may be to exarnine

% e e G &S

an axisymmetric laminar flow to first evaluate the problems with the basic system.
Tollowing this, the problems associated with the intrinsic three-dimensional structure

of turbulent flow and the intricacies of the flow at the edges of the two-dimensional
model may be easier to resolve. Also, making independent measurements of the density
in both laminar and turbulent flows using an electron beam are desirable, because this
would provide redundant and independent measurements. We intend to pursue this

approach to further study these flows.

”
AT

=R A

4.4.3 Discussion of Qualitative Features

-4 A single plate holographic interferogram typical of those taken during the current
E study is shown in Figure 29. This particular hologram is made by double-exposing a
single plate, first with the reference beam just before the test, and then approximately
& 15 minutes later with the scene beam of the test. Here, the interferogram is fixed in
the hologram. In this interferogram, the model wall appears as a solid black surface,
while in the interferogram reconstructed using the dual plate technique, the model
appears as a gray silhouette. The photographs shown in this paper are enlargements
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of 35mm photographs of the reconstructed object waves as viewed through the eyepiece

of a 20X telescope. Because this direct viewing approach is used in this study, details

8423

in the hologram can be magnified to achieve pictures of greater clarity than would
otherwise .e obtained. Restating the fact that all optical data shown here result from

the integrated effects of density changes from the beam splitter to the recording plane,

e

these photographs must be interpreted with care, especially in and close to regions of

& separated flow.
i d

4.4,4 Turbulent Separation in a Two-Dimensional Compression Corner

The scale and properties of separated regions formed over flat plate/wedge
compression surfaces are controlled by a "free" interaction between the viscous layer

and the overlaying inviscid flow. Because of the intrinsic differences between the

i:é“ structure and properties of laminar and turbulent boundary layers, the mechanism of
flow separation and the structure of the separated flows are significantly different. In
§ laminar flows, the major mechanism controlling the flow in regions of separation is
& the mutual interaction between the growth of the displacement layer and the outer
ﬁ inviscid flows that can be described in terms of second order boundary layer theory.
o Turbulent separation takes place in the sublayer from which the strong separation
{}d shock traverses the boundary resulting in strong normal pressure gradients. Such flows
cannot be described by boundary layer theory and possibly not by the mass averaged
% Navier-Stokes equations. A schlieren photograph and distributions of heat transfer and

pressure (Figure 32) are shown for separated flow over the flat plate/wedge
o conﬁguration.zv The corresponding holographic interferograms, schlieren photographs
& and shadowgraphs that are obtained in the current study are shown in Figures 33 and
&: 34, The heat transfer and pressure distributions clearly indicate that the separation
w region occupies a fraction of a boundary layer thickness. The separation shocks that
are created in this region are seen clearly in the shadowgraph and schlieren photographs,
and they appear as rapid distortions of the fringe pattern in the interferogram. These
shocks are highly distorted as they traverse the major part of the boundary layer. A
oy matter of continuing debate is whether these distortions are responses to the unsteady
movement of the separation point or to responses in the incoming turbulent flow.
, However, it is clear that significiant pressure, temperature, and, hence, density

fluctuations are generated by the inflections of the separation shock in this region.
9 The multiple shocks that are typically observed in the separation region reflect the time-
o 53

......

a [y
S N SO E S NN et e .« P . ™
N, - . . g , - S R R L LN
T T e e e L, e Ly e e T e D T W W T T Ry * "
T T e N T e e R T e S e L




ﬁ\!ﬁ..l!.bslhlﬂl).s\nl\f\{tnr R DS eat it JEs NIV SN SRR TRILY S o SO TR DI ML NP b % i S AL T . T e TR BVt = s Vo P SE— I I i I R e I D T P

{£Z *33Y4) (,9g = 19QIM g 5oL x g€ = Toy €11 = W) MO14 QI LVHVIIS G30NANI S
-3903M NI NOILNGIH1SIA NOILOIHA NIMS ANV H34SNVHL 1V3H ‘34NSSIud  ZE 94nbiy S

('ut) 39403 DNIAVIT WOHE JONVLSIA
8¢ 9g
v

Lo
L T
)

LY

8v v ze
& £ oL

v oL xdp—>

N
<
[=]
<

*ta”
"

L)
LR

»
»

-

»

.

1
1
|
1
|

-
L]
‘i\

- - ]

g

T T
1 1
i 1
\ {
§ |
" i 17’
! HIISNVHL Lv3H O

H

(

{

|

[}

]

]

]

]

}

t

1

1

Y

L]
Y
LI
Ny ean

3HNSSIHd Vv
NOLLD1"d NIXS o

1 x Hy—»

]

o M WA s kT e
P T S
R RSO LT

CaRw e tn VT

_——--—_——-——.g—-—_———-—g
.

- mm e - ———
1
.

e
P
~

[N
.

.‘lh -‘
NS

|
|
!
1
1
_——— e e o
!
1
1
1
|
L
|
1
|
1
|
1

e

)
A Up e Yah

’
~

«
.

P T
ERENY )

e E T R

"
N mw e

. wcom e s w -
N e T e M
P AL oY

r,

v, %,
P TR
LR Sl R

e

,D
.
SIS

-

o
»
Ty e

W s
»~" . L
T e W N,




o SEPARATION REGION

INTERFEROGRAM

(N

Toie
hl
| g
[e]
=
o
s
m
o
o
(@]
Z

=9
> o

oy

=R

GRID SIZE
38.1 x 38.1 mm

ST TINS5 LR AITITT T R F L L R e e T T LR, A Y L kS e e Y R TTS TH. _RCAT ST R A AT .S r-r?'a‘/

. 2.D FLAT PLATE i
> COMPRESSION RAMP 36° !
bt MACH NO. 11.34 ;
REYNOLDS NO. 35.4 x 108 ;

e TEMPERATURE (T,) 15550K )
0 ENLARGEMENT PRESSURES (Po) 102.5 MPa |
1 |
5 |
v ?
Ay Figure 33 HOLOGRAPHIC INTERFEROGRAM OF COMPRESSION-RAMP INDUCED '
BOUNDARY LAYER SEPARATION FOR 2.D FLAT PLATE IN HYPERSONIC i

FLOW ;

1'?‘. ;
i
i 55 ;
X i
.;f;’

f’u"\\"(_:'p‘ aMa iy F Ay P A T K - w5 LY R AR WU IS TR PN Y , A m w ~ - - - .y
N An TR R R et A s N I e T NS T A A I M M AG N RN AN

R 2, te \n -




T
e e S S U r":/¢

ol aat b $¢

; SN O ARTMEYS YT
R b ERE N .&%ﬁ 2 ‘
E S e > ‘_ C ) > sx_‘?’”&.{
K S A Ltk \ NS
[y X )
B
B
WA
B

R g Y T T L T

2

SHADOWGRAM

"~

T -

i

!% GRID SIZE
38.1x 38.1 mm )
o 5‘,
3
z
'-‘a:; t. o
A B
- e 2.D FLAT PLATE
- COMPRESSION RAMP  36° !
5 MACH NO. 11.34 3
X REYNOLDS NO. 35.1x 105
TEMPERATURE (T) 16630K
4 PRESSURE (P 4M
s ENLARGEMENT Pl 1023 NPa
o5

\ Figure 34 HOLOGRAPHIC SHADOWGRAMS OF COMPRESSION-RAMP-INDUCED
{‘fz BOUNDARY LAYER SEPARATION FOR 2-D FLAT PLATE IN HYPERSONIC
FLOW (REFERENCE FIGURE 33)

{

b3 5 6 |
!

ot '
= |
4

o

P T T T P T U T N T P VT S U SO S S - . om el e w om . - - . P R R ™

P T A % X O R T e N - - T T L W T T e T e e e %) e o Whe "I ha Y

Ry} !‘;";}. e ¥ Y PN N Y AT T \:A\l'n!."%- RN "hx‘":' N A R R A TR W AU e "‘:""ﬂ s :"h ]
J . B wh e A ) ” > <A a e M A B e K




B

&
e
i3

AT, - Py &
ey '

bl
=

» Q¥
LLE

| 2R
2 ¥ w7 M
L R A

dependent position of separation (since they ate also observed on axisymmetric models)

and the three-dimensional nature of the flow at the edges of the medel.

A prominent feature of the interferogram is a relatively uniform high temperature
structure of the constant pressure recirculation region (Figure 29). The straight shear
layer can be seen to be lifted above the recirculating flow, which appears to be
constructed from a single vortex sheet with some smaller cells imbedded close to the
reattachment region. This feature is significant from the viewpoint of the turbulence
modeling of these flows. The rapid recompression that is always observed in
reattachment regions is accompanied by the formation of a reattachment shock. This
shock relaxes to the wedge shock as the influence of the more efficient compression
process close to the separated region disappears. Meaningfu! interpretation of the
interferometer data obtained is difficult, if not impossible, because significant refraction
effects are clearly observed in the interferogram. As observed and discussed in earlier
papers, the schlieren photographs reveal an almost sinusoidal shock structure in the
reattachment region, possibly reflecting a movement of the reattachment point. Such
a movement indicates changes in the flow reversal in the separated region. This aspect
of flow unsteadiness could significantly influence the size of the separated region, and
clearly complicates a numerical description of this flow. The development of turbulence
through the large pressure gradients in the reattachment region and the subsequent
relaxation in the constant pressure region downstream of reattachment are important
features of this flow. Ii refraction and edge effects can be eliminated from the fringe
shift measurement, holographic interferometry will provide extremely valuable quantative

measurements of this separated flow field.

The reattachment region presents additional difficulties, because the strong flow
curvature and rapid thinning of the boundary layer here may be generating three-
dimensional flow structures (Goertler vortices) that clearly prevent a meaningful
interpretation of these interferograms. Such three-dimensional effects also may be
induced in the strong flow curvature close to the separation point. Basically, the
unsteady and three-dimensional characteristics of these flows must be understood to
develop accurate numerical descriptions of these flows, but an understanding of the
unsteady and three-dimensional effects is also needed to help interpret the optical
measurements, This point further suggests a need to study less complicated flows first
(e.g., axisymmetric laminar cases previously mentioned).
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iy 4.4.5 Incident Shock Wave/Turbulent Boundary Layer Interaction

§ As in the flow over the flat plate/wedge compression corner, the size and flow
) structure in a region of incident shock impingement is controlled by the mutual
&‘ interaction between the viscous and inviscid flow. However, the disturbances are
generated outside the boundary layer, and the incident shock strength is modified by
- its interaction with the separation shock. The measurements of heat transfer and
pressure on this configuration are shown in Figure 35, together with schlieren photographs

made in earlier studies.2/ The measurements made in the current studies are shown

e in Figures 37 through 39. The structure of the upstream disturbance generated by the
q,% incident shock is very similar to that generated over the flat plate/wedge model. The
. basic viscous/inviscid interaction resulting in flow separation takes place at the base
. of the boundary layer. Separation shock(s) traverse through a major segment of the
g boundary layer, interact with the incident shock, and are then turned almost parallel

to the plate surface; an expansion fan is generated as the incident shock interacts with
;{. the constant pressure free shear layer. The boundary layer flow is again turned parallel
o to the flat plate by the formation of the reattachment shock. These features are
4 clearly visible in the schlieren photographs and int Jgrams shown in Figures 36
i through 38.
;-E The structure of the recirculating region is shown in detail in Figure 36, which

again suggests a basic single cell structure with a relatively uniform high temperature
,g core. Again, however, the very laige density gradients generated in the reattachment

region have caused proportionately large refraction effects making the interpretation
:3§ of the interferograms virtually impossible for this region. Similar to the reattachment
‘ region developed on the compression ramps, the strong flow curvature would likely
QS cause the formation of three dimensional disturbances (Goertler vortices) in this region
& downstream of the incident shock., Again, the highly curved infiective shocks in the
\ separation and reattachment regions are indicative of an unsteadiness which needs to
\% be investigated with high frequency flow measurements to gain an understanding of
- these unsteady effects.

4.4.6 Separated Flows at the Cone/Flare Junction
§

Interferograms and shadowgrams for the axisymmetric flow fields obtained in

o the current study are shown in Figures 40 and 4l. Measurements of the distribution
58
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ENLARGEMENT

Figure 40 HOLOGRAPHIC INTERFEROGRAMS OF AXISYMMETRIC COMPRESSION-
RAMP-INDUCED BOUNIIARY LAYER SEPARATION
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of heat transfer and pressure over this configuration made in previous studies?! are
shown in Figure 42 along with a conventional schlieren photograph. The 36° flare angle
generates a large separated region which extends 2 inches ahead of the cone-flare
junction. As expected, the flow in the separated region is very similar to the
corresponding regions on the compression ramp and incident shock configurations.
However, interpretation of the phenomena causing the shock waves in the neighborhood
of the constant pressure separated region is not understood. This multiplicity of shocks
is also clearly discernible in the reattachment region of the flow, again leading to
speculation on the intrinsic unsteady or three-dimensional character of the flow in this
region. Even though the optical path lengths of these reattachment regions are
significantly shorter than those of the two-dimensional models, strong refraction appears
to distort these interferograms as well. Finding the best way to reduce the
interferometer measurements of these axisymmetric separated regions remains an
important task. However, resolving this problem may be easier and more productive

than attempting to evaluate edge effects of the two-dimensional models.

4.5  CONCLUSIONS

A preliminary investigation has been conducted into the use of holographic
interferometry to study regions of shock wave/boundary layer interaction in a hypersonic
shock tunnel. The interferograms of the complex flow fields generated in this
investigation provide a good qualitative basis for evaluating some of the important
phenomena that control the characteristics of th .e flows. However, the quantitative
evaluations of the interferograms are made difficult by edge effects and three-
dimensional flow effects on two-dimensional models and by refraction effects in regions
of high density gradients close to the wall. The disagreement between density
measurements and simple prediction techniques for turbulent flat plate boundary layers
indicates that further analyses and experiments are required to develop an understanding
of both the refraction and three-dimensional effects. Future studies should be directed
towards laminar flows over axisymmetric and two-dimensional models after which the
more difficult conditions of these turbulent flows can be understood.
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Section 5
CONCLUSIONS

This report summarizes the research conducted under the current contract to
investigate fundamental problems associated with flight at hypersonic speeds with
particular emphasis on those related to the aerothermal effects of viscous/inviscid

interactions and boundary layer transition.

Solutions have been obtained to Navier-Stokes equations for the laminar flow
over the leading edge of a sharp flat plate in Mach 16 flow for highly cooled wall
conditions using a modified MacCormack/Shang fully explicit formulation. To obtain a
stable converged solution, it was necessary to reduce the grid size close to the leading
edge to the order of the mean free path, and, typically, 20,000 time steps were required
to achieve convergence. However, once obtained, the solution was in good agreement

with the experiment.

The experimental study conducted under the current contract was directed toward
obtaining detailed flow field measurements in a separating boundary layer over a large
cone/flare model. In this study, the structure of the separating boundary layer was
examined with pitot, total temperature and laser holography measurements. These
measurements suggest that the total temperature/velocity relationship in the cone
boundary layer is quadratic rather than the usually assumed linear form suggested by
Crocco. The Van Driest transformation, which has been used successfully in supersonic
flows over adiaoatic walls to relate the measured velocity to similar measurements in
subsonic flow, is apparently not as effective in hypersonic flows cver highly cooled
walls, The measurements in the separation region demonstrate a rapid change in the
structure of the sublayer as separation takes place and the formation of strong shock
waves in the turbulent shear layer.

In addition to experimental studies oi turbulent boundary layer separation in
hypersonic flow, during the past year, further analysis has been performed of
measurements made during earlier studies for AFOSR. This work has resulted in two
AIAA publications during the course of this current contract. We investigated the
aerotherma! characteristics of nosetips and leading edges as transition moves onto the
nosetip. In these studies, it was shown that heat transfer rates significantly larger
than the stagnation value can be generated near the sonic line close to the end of the
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transition region, and such large heat transfer rates can cause serious indentations of

an ablative nosetip. The results of these studies for transitional flows over hemispherical

o,

and indented noseshapes were reported at the annual AIAA meeting in January 1986
(see Appendix A). Finally, an invited paper reviewing the status of research in
aerothermal problems in hypersonic flight with emphasis on those associated with
boundary layer transition, and viscous/interaction and flow separation, was presented

at the Annual AIAA Meeting in January 1986 (Appendix B).
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STUDIES OF FLOWS OVER INDENTED NOSE SHAPES

PART 1 - STEADY FLOWS

MICHAEL S. HOLDEN*
CALSPAN CORPORATION

BUFFALO, NY

14225

Supported by AFOSR and Calspan Corporation

ABSTRACT

Experimental studies have been conducted to
examine the flow structure and distribution of heat
transfer and pressure over indented noseshapes.
Measurements were made to examine the influence of
boundary layer trips; surface roughness; and Mach number
and Reynolds number of the freestream, on the size and
structure of the shock/turbulent boundary interaction over
the nosetips. It was demonstrated that Mach number and
surface roughness are of key importance in the correct
simulation of these flows, and it is essential in the correct
simulation of these flows, and it is essential that the
boundary be fully turbulent upstream of the body
shock/boundary layer interaction. In similar studies of
the flow over the recovered NRV noseshape at conditions
which duplicated the flight Mach number and Reynolds
number, it was demonstrated the flow was intrinsically
three-dimens,onal and that the distribution of heat transfer
and pressure were also controlled by boundary layer
transition and shock/boundary layer interaction. In a study
performed specifically for code validation, detailed
measurements of heat transier and pressure were made
in laminar flows over two indented noseshapes. Navier-
Stokes solutions for one of these case obtained by Widhopf
and Victoria extubited unsteady flows. Experiment showed
the flow to be stable; however, it was observed that the
heat transfer measurements were in agreement with the
time averaged predictions.

I, INTRODUCTION

Wind tunne! studies using ablating models have
demonstrated that "slender" concave nose shapes, over
which separated regions and gross flow instabilities are
observed, can be formed under certain free stream
conditions and nosetip properties, While an explanation
of this behavior using sophisticated shape change codes
awaits the development of accurate models of regions of
transition and shock wave/turbulent boundary layer
interaction the simple equilibrium solutions obtained by
Welsh! provide an important insight into the development
of ablated nose shapes. Welsh's analysis predicts the
occurrence of the well known "blunt" self-preserving nose
shape for fully laminar or fully turbulent boundary layers;
however, for flows where transition occurs ahead of the
sonic point on the nosetip (and under certain fully turbulent
conditions) this approach predicts the occurrence of
slender nose shapes similar to those shown in Figure I.
This result has been verified in wind tunnel tests of
camphor models where shapes similar 1o those shown on
Figure 2 can be developed under transitional conditions.
The existence of slender ablated nose shapes lzxavz been
demonstrated in many experimental studies %5 in
general, however, these shapes exhibit marked asymmetric
characteristics. Asymmetric nose shapes can give rise to

*Member, AIAA

large de-stabilizing moments and side forces. Highly
indented nose shapes, under conditions similar to that
shown in Figure 3 were gencrated on camphor models,
and over such shapes the viscous and inviscid flow fields
interact in such a way that the flow became oscillatory.

In studies of ablated nose shapes, it has become
customary to describe the nosetip geometry in terms of
the BI-CONIC or TRI-RADIUS configuration. Schematic
representations of these shapes are shown in Figure f4a.
The form of a highly ablated nose shape which is to be
characterized by these models is shown in Figure 5. The
increased heating resulting from boundary layer transition
close to the sonic region is believed responsible for the
imtia; development of the identation in ablating nose
shapes, Because transition in such a situation is almost
certainly three-dimensional in character, the initial
indenting of the nosetip will also reflect the asymmetric
characteristics of the transition process. Suwsequently
the large heating rates which are developed in the
recompression region resulting from shock-boundary layer
interaction at the base of the indentation can cause grossly
indented nose : «apes. While it is possible to predict .he
initia! ...ae.uting using relatively simple shape change code,
when significant ablation occurs the computation of
heating over the rough surface for flows with embedded
regions of shock wave-boundary layer interaction are
subject to considerable uncertainties. To calculate the
effects of surface roughness on heating and surface
recession, the magnitude of the surface roughness and the
roughness augmented heating in the presence of blowing
must be predicted. The prediction of the heating to the
embedded regions of shock wave turbulent boundary layer
interaction, some involving separated flows, over a rough
surface represents one of the most difficult configurations
to calculate with precision. Although there have been a
number of experimental studies®J to examine the
distribution of heating to non-indented nose shapes and
investigations with a major emphasis on examamng the
gross stability of flows over highly indented nose shapes,
little detailed information is available for indented
nosetips where attached or slightly separated regions of
shock wave-turbulent tnteractions occur. Such studies are
required to provide a rnethod of evaluating and developing
the prediction methods, and obtairung better insights into
the bastc phenomena leading to nosetip indentation.

This paper 1s composed of three experimental studies
designed to provide fundamental information on the
characteristics of the flow over indented nose shapes. In
the first study we examined the parameters which control
the correct simulatton of the flow over a non-ablating
axisymmetric indented nosetip. Detailed measurement ot
heat transfer, pressuce and flow field structure were made
on rough and smooth configurations for & range of Mach
numezrs and Reynoldy numbers. We describe a study using
a 4X replica of the recovered NRV nosetip, in which
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detailed heat transfer, pressure and flow field
measurements were made for Mach numbers and Reynolds
number conditions which duplicated those obtained in
flight. Finally the results of a study of lai.nar flows
over two indented nose shapes are reported to provide a
basis for evaluating solutions obtained using the full Navier
Stokes equations.

II. STUDIES TO INVESTIGATE THE SIMULATION OF
FLOWS OVER INDENTED NOSE SHAPES

Introduction

Because the initiation and development of nosetip
indentation is so strongly influenced by the occurrence
and position of boundary layer transition on the nosetip,
experimental studies to simulate these flows must be very
carefully constructed. To correctly simulate the flow
over a mildly indented nose shape, it is of fundamental
importance that the Reynolds number be of a sufficient
magnitude to move transition relatively close to the
stagnation region and preserve turbulent flow through the
strong expansion which precedes the model oncavity. To
correctly simulate the flow field and the distribution of
heating beneath the embedded region of shock wave/
turbulent boundary layer interaction, the Mach number,
Reynolds number and wall-to-free stream stagnation
temperature ratic must be correctly simulated as well as
the surface roughness of the model.

In this segment of the study we examined the flow
field and distribution of heating to the indented nosetip
at high Mach numbers for unit Reynolds numbers large
enough to establish turbulent boundary layers over the
model without tripping. We wished to investigate the
effects of trips and free stream: Mach number on the
heating distr.bution for a fuily turbulent condition, We
then wanted to determine the effects of surface roughness
or. the distribution of heating and flow field properties
for both high and Jow Reynolds number free stream
conditions.

Models and Instrumentation

The model used In this study was as tri-radius
representation (sece Figure 4b) of an ablated indented
nosetip. This configuration is one of a family of nose
shapes, a number of which have been examined
experimentally in earlier studies conducted at Calspan to
examine the stability boundaries for the flow over indented
nosetips. From the earlier studies’ conducted at Calspan,
we would predict that provided the boundary layer
remained turbulent over the nosetip ahead of the concave
szction of the nosetip, the boundary layer should reinain
attachea or slightly separated from the base of the body
shock. Our earlier studies with rough and smooth 45
degree biconic nosetips® suggested that a fully turbulent
boundary layer could be anticipated for free stream
Reynolds numbers of 10 x 106/ft and 5 x 106/ft at Mach
11 and 13, respectively, while for Reynolds numbers of 2
x 106/1t, the upstream of the body shock would be laminar
or transition. In this latter case, we would espect laminar
separation to occur and spread forward to the tip causing
the flow field to differ markedly from the equivalznt fully
turbulent case.

The mode] of the indented nosstip used in these
experimental studies is shown in both its smooth and rough
configuration in Figure 6. The rough nodel had 15 mil
sand grain roughness bonded to its surface with pressure-
sensitive adhesive and was instrumented with rough
calorimeter heat transfer gages (see Ref. 6). The gage

positions were selected to provide detailed coverage in
tie area of greatest interest--the recompres-
sion/reattachment region beneath the body shock. The
gradients of heating in this area are such that isolated
gages, or gages placed on a low diffusivity substrate are
required to prevent inaccuracies which will result from
streamwise heat conduction. Employing "thin skin" heat
transfer techniques with a non-segmented model could
lead to serious inaccuracies in the heat transfer
measurements in the shock interaction region on the model
(Ref. 7). We used a single pass schlieren system with a
focal length of 10 feet for flow visualization in this study.,
the knife edge was set parallel to the conical segment
which precedes the concave section of the model, and
adjusted to give a 15 percent cut-off.

Results and Discussion

In this study the effects of the Mach and Reynolds
number of the freestream were investigated first on the
smooth indented nise shapes. We then coated same nosetip
with 15 mi: roughness and again examined the effect of
Mach number and Reynolds number. Heat transfer and
schlieren measurements were made on both configurations
to examine the flow mechanisms upstream and in the
regions of body shock-boundary layer interaction over the
nosetip. Particular emphasis was placed in these studies
on examuning how the scale of the body shock-boundary
layer interaction and the distribution and peak heating is
influenced by the freestream Mach number and the ratio
of roughness height to momentum thickness (K/@) upstream
of the interaction region.

Studies with the Smooth Nose shapes

The first set of measurements were made at Mach !
for a Reynolds number (Rep.) of 12 x 106 based on bou,
diameter. Here the emphasis was first on deiermuning
whether we could obtain a fully turbulent boundary layer
over the model without employing boundary layer trips.
We then examined the effects of boundary layer trips on
the properties of the body shock interaction region. The
effgcet; of Mach number and Reynolds number werc then
studied.

The distribution of heat transfer to the completely
smooth model and a schleren photograph of the flow at
M=11 Reg=107, are shown in Figures 7 and 8. The heat
transfer measurements demonstrate that the boundar,
layer remains turbulent as it expands onto the short conical
section of the model upsiream of the body shock-boundary
layer interaction. The severity of the shock interaction
is such that a small ...bulent separated region is induced
ahead of the body shock, its presence being marked by
separation shocks in the schhieren photographs arnd
indicated by the characteristic rise and plateau ragion .n
heat transfer distribution upstream of the body shiock. A
steep rise in the heating rate occurs in the re-compression
region downstream of the body shock resulting .n peak
heating rates of over three timss those measured at the
stagnativn point. The .nviscid flow above the boundary
layer downstream of the body shock s domunated by the
interaction between the nosetip, body and separation and
reaitachment shocks. The vorticity generated in the
inviscid {low behind the body shock is reflected in the
large density variations which can be observed in the
schlieren photographs. The complexity of :nteracting flow
i thas smportant region just downstream of the body sholk
makes a numerical analysis of these flows very difficuit.

We then examuned whether employing an annular 15
mil trip ring around the sonic puint on the nosetip would
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disturb the flow structure and distribution of heating to
the model under the fuily turbulent conditions found in
Run 1. The schliersih photographs and distribution of
heating for this tripping experiment are shown in Figure 8.
There 15 little difference between the flow patterns
obtained in Runs | and 2; and the comparisons between
the measured heating distributions shown in Figure 7
indicates that with the exception of the region
immediately ahead and behind the trips, the distribution
of heating is relatively uninfluenced by the presence of
the trips. The effects of freestream Mach number were
explored by repeating the studies at Mach 13. The
schlieren photographs and distribution of heating obtained
are shown in Figures 9 and 10. Both the schlieren
photographs and the heat transfer distribution indicate
that the flow remains attached upstream of the body
shock. Comparing the distribution of heat transfer
coefficients for the Mach 11 and 13 flows (shown in
Figure 9), it is clear that the peak heat transfer
coefficients for the Mach 13 flow are almost twice those
at Mach L1, We believe this results from a greater
severity of the compression process in the interaction
region of the Mach 13 flow. It is clear from the levels
of heating through the body shock-boundary layer
interaction region that the boundary layer was fully
turbulent in both the Mach 1! and 13 flows over the
nosetip.

Studies with the Rough Nosetip

The distribution of heating to and the flow pattern
of the rough nosetip at Mach 11 for REg=11 x 10° are
shown in Figures 1l and 12. While the position of ihe
body shock remains essentially unchanged by surface
roughness, separation has spread further forward than on
the smooth model at the same freestream conditions. We
believe this forward moment of separation results
principally from a significant thickening of the boundary
layer upstream of the interaction combined with the
decreased velocity adjacent to the wall both of which
result from surface roughness. The heat transfer
measurements on the rough and smooth onfigurations,
which are compared in Figure 11, show that while the
position of the region of prak heating remains unchanged
by surface roughness, the recompression heating is nearly
doubled by roushness effects. The measurements made
on the nosatip at Mach {3 are shown in Figures 13 and
14, As we observed in the smooth wall studles, increasing
Mach number increases the nondimensional heating rate,
and the comparison shown in Figure 18 indicates that this
is also true for rough walls.

It 1s clear from these studies that the scale of the
body shock-houndary layer, as well as the peak interaction
heating, are strongly controlled by the scale of the surface
roughness anc the freestream Mach number. We measured
tncreases in the heating cocfficients of close to 100
percent from either increasing Mach number or adding
surface roughness, resuiting in a combined enhancement
effect of ciose to 300 percent. Because of the formation
of separated embedded interaction regions on these
indented noseshapes, the blunt body Mach number
independence principal cannot be expected to apply
directly to these flows.

This study underlined the importance of careful
selection ol the scale of the surface roughness, in addition
10 testing at the highest Mach number for which fully
turbulent condiuons can be generated.. The large gradients
generated in the interaction region makes it imperative
that streamwise heat transfer conduction along the model
surface be minimized to obtain accurate heat transfer

measurements by using Isolated gages or a poorly

conducting model.

STUDIES OF THE FLOW OVER RECOVERED NOSE
SHAPES

Objective

The Nose Tip Recovery Vehicle (NRV) and the Role
Torque Experiment Vehicle (RTE) nosetips are two of the
few nosetips which have been recovered from flight during
re-entry8,  These nosetips are of particula. interest
because they were "caught" during the portion of the
trajectory where transition was spreading over the nosciip,
and a non-stmilar shape change was occurring. The
nosetips shown in Figure 15, display two characteristics
which are of key importance to the nosetip designer. The
first is that the nosetip is indented to the point where
three-dimensional separated regions of significant
proportions must have been formed. The second feuture
is thr distinctive three-dimensional grooved shape of the
NRV and RTE nosetips, shapes which could not have been
predicted from shape change codes.

The purpose of the present study was to obtain
detailed heat transfer and pressure measurements on a
model of the NRV nosetip at a Mach number and Reynolds
number which duplicated flight conditions. The modei
was highly instrumented to examine the heat transfer and
pressure in the re-attachment compreision regions and
close to the axial ridges. We wished to examine whether
the flow was steady, to look for evidence of the
streamwise vortices, and to determine the sensitivity to
changes in Reynolds number.

Model and Instrumentation

A 4X scale model of the NRV nosetip was
constructed for this program so that we could obtain
detailed spatially resolved measurements and the ability
to duplicate the Reynolds numbers obtained in the flight
tests. The model was constructed using a precision three-
dimensional pantagraph milling machine with 2 epoxy
replica ol the recovered nosetip as the original. The
model was instrumented with 100 heat transfer gages and
43 pressure gages. The mode! is shown mounted in the
96-Inch Shock Tunnel in Figure l6.

Results and Discyssion

A schlieren photograph of the flow over the NRV
model is shown in Figure 17. This photograph illustrates
the two classes of flow with embedded shocks which are
typical of the flow over indented nose shapes. The flow
over the top of the model separates as it expands
downstream of the spherical cap and a small three-
dimensional separated region is formed in the cavity
formed by the grooves. The compression waves generated
in the reattachment region coalesce to form a single
shock--the re-compression shock. The bow shock and re-
compression shock interact with the formation of a single
shock and a shear layer. The flow over 1he bottom of
the model remains attached: however, the flow over the
roughly conical section of the nosetip was again
characterized by a re-compression process. Here,
however, re-compression takes pluce through a series of
oblique shocks as a wall jet is fornied. It is the structure
and development of the boundary layer at the base re-
compression processes which controls the large heat
transfer rates which are developed in these regions.
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The distributions of heat transfer and pressure over
the NRV nosetip made in this study are shown in Figures 18
through 21, A typical heat transfer distribution for free
stream conditions closest to those encountered in flight
are shown in Figure 18a. The heat transfer measurements
on the sperical cap indicate that the boundary layer
remains laminar over this part of the model, with
transition occurring in the free shear layer downsiream
of the shouider expansion. While the heat transfer rates
drop below tue stagnation point value in the separated
regions just downstream of the shuulder, heat transfer
rates in the reattachment and re-compression regions over
the model can rise to close to thrze times the stagnation
poirt vaiue. This increase is influencad by trzasition, the
incteased density and thinning ot the boundary layer in
the re-compression region and entropy swallowing.
However, the measurements clearly indicate that the
surface recession would be lergest on the conical frustum
of thus nosetip. The pressure distribution over the nosetip
for the conditions discussed ., shown in Figure 18b. As
we would anticipate from our observations on the schlieren
photographs and the heat transfer measurements, the
pressure rises along the roughly conical portion of the
rosetip as a result of the re-compression process and
reaches close to 89 percent of the stagnation pressure
toward the base of the nosetip. However, therz is a
sigmificant variation in the pressure around the conical
segment of the nosetip as a result of the different re-
compress-on processes asdsated suth the circumferential
variations in surface geuwinetry.

During the design of this experiment, it was
speculated that the fl... over the NRV .osetip would be
very sensitive to the Reynolds umber and Mach number
of the freestrcam, because boundary layer transition and
separation were intrinsic f{eatures of the flow field.
Therefore, a large scale replica of the NRV nosetip was
constructed so that the flight Reynolds number coulc be
duplicated in the Shock Tunnel. Thus, it was of interest
to examine the efiects of Reynolds number on the flow
structure and the distribution of heat transfer and pressvre
over the nosetip. Figures 19a and 19b show the
distribution of heat transfer and pressure over the NRV
nosetip for conditions where we have lowered the Reynolds
number to | x 106, This results in an increase in the
size of the separated reglon and the aft movement of the
re-compression regions. It also results in a decrease in
pressure rise (relative to the stagnation point pressure)
on the conical segment of the nosetip and a dramatic
reduction (a factor of 3 relative to the stagnation point
heat tran.fer) in the heat transfer to the conical frustum.
These results underline the Importance of conducting
experimental studies of the flow over complex indented
n se shapes at Reynolds numbers and Mach numbers as
close 1w the flight :onditions as possible,  Further
measurements made at Mach 1l and 13 with Reynolds
numbers of 5 x 106/ft, which are shown in Figures 20 and
21, demonstrate that the heat transter and pressure
distribution are sensitive to the position of the boundary
layer transition and the {low pattern, which are again
controlled by the Mach number and Reynolds numbe: of
the freestream.

The measurements made in this study clearly
dernonstrate that the flow field and the distribution of
peopertics on "real" ablated rose shapes differ significantly
f.»m the .dealized bicoruc configurations assumed by many
anewiysts  The flow over NRV configuration is intrinsically
three-dimensional with 1.gwone of embedded separatad
flows as well as embedded shocks. Experimental studie.
ot the flows over such configurattons mu.t be cnaductsd
at Reynolds nuinbers and Mach nunbers which «. e close

to duplicating those encountered in flight for meaningiul
results to be obtained.

LAMINAR FLOWS OVER INDENTED NOSE SHAPES

Introduction

When indented nose shapes occur on ablating nosetips
they do sc because the flow over the major segment of
the nosetip is transitional and turbulent. However, there
have b.en & number of theoretical studies in which
predictions have been made of laminar flow over indented
nose shapes. It was for this reason that the measurements
made in this segment of the study were obtained to provide
1 detailed set of measurements in laminar flows with
which to examine the validity of such solutions. We
studied the laminar flow over two ablated nose shapes for
which Widhopf and Victoria? obtained detailed numerical
solutions to the complete flow field using the time-
dependent Navier-Stokes equations. These nose shapes
termed the 1-10-10 and 1-10-1 in the tri-radius
terminology, ‘or the Widhopf | and 2) are shown in
Figure 22.

Model and Instrumentation

Detalled heat transfer and pressure measurements
were made over both of these configurations at Mach 13
for a Reynolds number (Rep) of 300. The instrumentation
and recording equipment were designed to enable
frequencies up to 1 Mz to be recorded with little
attenuation.  Widhopf's calculations for the [-10-10
configuration showed a high frequency instability occurred
in the flow field close to the point of surface inflexion
on this body. This localized oscillation was predicted to
have a major frequency of approximately 600 KHz. Thus,
the heat transfer gages were constructed so that their
physical dimensions were smaller than the wavelength of
the oscillation.

Results and Discussions

The heat transfer disiwribution to the !-10-10
configuration 15 shown in Figure 23 together with the
predictions from the Navier-Stokes ,olutions of Widhop!.
Aithough the measurem=nts are in good agreement with
the mean values from these calculatiuns, we were unable
to detect the fl>~ .nstabiliues observed by Widhopf in
his numerical - lu Jons. Measurements were made at a
diffevent Mach nur. i and Reynolds number to determune
whether an osciliat.on could be induced at shghtly
different flow conditions, but again we found a stabic
flow. However, one of the most .nteresting aspects of
the aerodynamucs of this configuration is the large heating
rates generated at the .nflexion of the concave surface
at the base of the embedded shock (see igure 24), Studies
of shock wave-turbulent boundary layer interaction on
concave bodies suggest that an even larger :ncrease in
heat transfer would occur on the 1-10-10 configuration . f
tne boundary layer were transitional or turbulent. An
abiat: .. body upon which these heating levels were
impressed would tend to become more highly indented and
possibly develop onto the shape of the [-10-1
configuration.

Heat transfer, pressure and schlieren records from
measurements made on the 1-10-1 configuration at Mach
10 demonstrate that the flow is fully pulsating in the E
osciliaion mode.” The schlhieren photographs, shown .n
Figure 25 .adiccte the osciiation is symmetric with a
Irequency which gives a Strouhal number (FD/U) of 2.19.
The heat transfer and pressure to the model (shown .n
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i+ gdre 26) undergoes a cyclic variation with the heat
treasfer varying between a value which is approximately
equal that to the stagnation point on a flat faced cylinder
with the same body diameter, to a level six times as
farge. This later condition is attained dunng the part of
the cycle where the separated shear layer impinges onto
the almost vertical face of the afterbody. A small angle
of attack can induce a second asymmetric oscillational
mode cduring which a circumferential movement of the
separated region occurs. While in Jaminar flows, the basic
frequency of the E oscillational mode and the higher
harmonics appear to be little influenced by the Mach
number or Reynolds number of the {reestream, for
turbulent flows over configurations which are close to the
oscillation boundaries these effects do become of
importance. In Part 11 of this study, we describe an
investiganon of the occurence and structure of unsteady
fiows wuver symmetrical and asymmetric indented
noseshapes.

CONCLUSIONS

Experimental studies have been conducted to
examine the structure ar: properties of steady flows over
indeated nosetips. In this three-part study we first
investigated the influence of boundary layer trips, surface
roughness and the Mach number and unit Reynolds number
on the flow field and distribution of heat transfer and
pressure over an axisymmetric indented noseshape. At
Mach 11 it was found that the surface properties and flow
field was uninfluenced by tripping, but introducing uniform
surface roughness increased the size of the separated
region at the base of the body shock and doubled the
maxitnum heating rate in this region. Both on the rough
and smooth configuration the maximum hcat transfer
coefficient was doubled when the Mach number was
increased from 1l to 12. It is clear that to correctly
simulate the characteristics of the flow over indented
noseshapes, the surface roughness of the nosetip, the Mach
number and Reynolds number of the freestream, the
incidence of the nosetip must be closely duplicated.

In the second investigation, in which a 4X replica
of the recovered NRVY nosetip was studied at conditions
which duplicated those obtained in-flight, it was
demonstrated that the flow field and distribution of
pressure and heating differed significantly from the
axisymmetric analog. The flow over the NRV nosetip is
intrinsically three-dimensional and contains regions of
embedded separated fiows and complex viscous/inviscid
interaction.

The study of the laminar f{low over indented
noseshapes was performed specifically for a validation of
a solution generated by Widhopf and Victoria using their
Navier-Stokes code. While we did not find the high
frequency oscillation predicted by the numerical solution,
the time averaged predictions were in good agreement
with the experimental measurements made in the curren:
studies.

In part two of this study we will examine the
occurrence and properties of unsteady flows over indented
noseshapes.
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Figure 1  SLENDER EQUILISRIUM SHAPE
DEVELOPEDR UNDER PURELY TUR.
BULENT BOUNDAR'Y LAYER
COMDITIONS
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Figure 2 VARIATION OF PROFILE SHAPE
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Figure 3 THE DEVELOPMENT OF ABLATED
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Figure 4a  BI-CONIC REPRESENTATION FOR ABLATED NOSE SHAPE

Figure 4b TRI-RADIUS REPRESENTATION FOR ABLATED NOSE SHAPE

Figure 5 TYPICAL HIGHLY INDENTED ABLATED SHAPE
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{aj SMOOTH MODEL

{b} MODEL COATED WITH 15-MIL-GRIT ROUGHNESS

Figure 6 ROUGH AND SMOGTH INDENTED MODELS iNSTALLED IN 96" SHOCK TUNNEL
AT CALSPAN
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Figure7  EFFECT OF BOUNDARY LAYER TRIPS ON DISTRIBUTION OF HEATING
(M=11.3 Rep =12 x 106)
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Figure 8

(b) !ODEL WITH TRIP

SCHLIEREN PHOTOGRAPHS OF FLOW OVER THE SMOOTH AND TRIPPED
CONFIGURATION (M = 11.3, Rep= 12 x 106 )
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Figure 10

EFFECTS OF MACH NUMBER ON FLOW PATTERN OVER THE INDENTED
NOSETIPS
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Figure 16 INSTALLATION OF NRV HEAT TRANSFER AND PRESSURE MODEL IN 96"
SHOCK TUNNEL

A-22

~

M

¥

X
s

-

.

S
e

»

e = 1

-
"




*x
LYy 4

&

S |

»

LI
Il TP

(K Ahe i '! ;5 RORY S VSAGATBO S DEMIOGMOIIIUIRR £ AR AR I %R wr ron W A WA e e .

R
e

g ke
SRES

23 ;_[;?a"i,igit{‘?'l

i)

\

el >
:,‘7' a7

L L
oty »»‘9‘”&&"‘4‘
SRy
S

4

Gk
5 a}}ér,
tv‘;:!\

Figure 17 SCHLIEREN PHOTOGRAPH OF THE FLOW OVER THE NRV HEAT TRANSFER AND
PRESSURE MODEL (M = 11,3 Re/FT = 10 x 106
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WITH HYPERSONIC FLIGHT
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ADBSTRACT

A review is presented of some important acerotherinal
problems associated with hypersonic flight with emphasis

on control surfaces of high flying hypersonic vehicles;
the prediction of tramsition on complex {and simple)
vehicle configurations; th= prediction of regions of shock
wave/turbulent boundary interaction, chemically reacting,
turbulznt shear flows and the structure of plasinas in

ﬁ on those involved with viscous/inviscid interaction. The the turbulent boundary layer over an ablating or
et flow regimes of importance to hypersonic vehicles of wranspiration-cooled vehicle.

current interest are discussed and the performance of
R experimental facilities currently available to study real Hypersonic flow regions of viscous/inviscid inter-
ﬂ}g gas phenomena associated with hypervelocity flight are action in laminar and turbulent flows represent one of
&-; briefly reviewed. Viscous interaction and real gas effects the most taxing group of acrothermal problems for the

in hypervelocity flight at high altitudes are discussed
with reference to the measurements which are required
to suppert the development of improved prediction
capabilitivs in this regime. Theoretical and experimental
research on 2D and 3D shock wave/laminar boundary
layer interaction relevant to the perforinance of control
surfaces and inlets in hypersonic {light &t high altitudes
is reviewed. The characteristics of transition regions in
hypersonic flows are discussed with particvlar roference
to transitiopal flows over nosetips and swep? leading
edges.  Studies of shock interaction phenomena on
indented nosetips are discussed, followed hy a review of
the surfice soughness and blowing cffecys, Rasearch to
describe the characteristics of 2D and 3D regions cf
shock wave/turbulent bouncary layer intecaction in

brief discussion of observations suggesting a decrsase in
the spreading rate in shear layer mixing in hypersonic
flow,

I. INTRODUCTTION

With the current interest in the design of trans-
atmospheric vehlcles, manenvering re-antry vehicles,
orbital transfer vehicles and smaller space shutties, there
has been an Increased intorest within the acrospaca
community in aerothermodynamic problems assnsiated
with hypersonic flight. Following the extensive programs
conducted in the sixties and early saventies most subse-
quent research in hypersonic flows has bean fimnited to
the support of specific and very conservatively designed
systems such as the Space Shuttle, the Tovien entry
vehicle, and ballistic and maneuverable re-ai oy vehicles,
With the advent of interest in the more complex,
sophisticated, and by necessity, more efficient vehicles
such as terminally guided mancuvering re-entry vehicles,
has come the realizstion that our current redictive
capability is not able 1o support the design of such
systems, Scme of the fundament it problem area's which
must b2 adaressed are: the fundamental understanding
and prediction of flows in the low density transition
regime in the presence of real gas effects and surface
catalysis; the centrol [ famiva. viscous/inviscid inter-
action regions of nop-vqutlibrium airflaws ot inlets and

*Member, AIAA

designer and certainly are the most difficult to predict
in detait with any accuracy. The severity of the gradients
in heat transfer and pressure, coupled with the intrinsic
unsteadiness of separated, turbulent regions of shock
wavesboundary layer interaction make the computation
of such flows one of most challenging in high speed
flows. During the past two decades there has been
significant  advances resulting  from  fundamental
theoretical and experimenta! ¢esearch in shock wave-
boundary layer interaction in supersonic and hypersonic
flows,  Prevction techniques have | .n successfully
developed te irscribe laminar separated Llows, first using
integratl tcchiuques to solve the boundary layer equations
and then through use of the full Navier-Stokes equations,
solutiens te these eauations have yet to be obtzined for
laminav separated f{lew with non-equilibrium chemistry.

hyperscnic flow is reviewed with particular referenre to
g intrinsic  unsteadiness and  polential compressibility However, two-dimensional turbulent separated flows
= effects in these flows. This review is concluded with a induced in regions of shock wave boundary layer

intevaction have not yet yielded to a detailed numerical
analysis using the full Navier-Stokes equations. In many
cases the severe heating loads and gradients generated
it regions of shock/boundary layer interaction mandate
the use of thermal pratection systems employing ablative
or transpiration cooling. In each case surface roughness
is intrinsically a factor resuiting from either surface
structare of the ablated surface or tise geometric design
of the transpiration-cooled surfare. The effects of
surface roughnes:s and biowing will have a large effect
on the siz¢ and characteristics of regions of shock wave-
turbulent boundary layer interaction in hypersonic {low,

In tite following paper we review some important
acrothermal probleins associated with flight at hypersonic
speed, with particuiar  ¢wmphasis  on  r>gions  of
viscous/inviscid interaction in hypersonis flows, We first
discuss the flow regimes which are of importance for
the nypersonic vehicles of current interest and facilities
which are currently available to study hypervelocity
airilows. Viscous interaction and real gas effects in the
high altitude transition regime are briefly reviewed,
Studies of laminar 2D and 3D viscous interaction regions
ace then discussed with emphasis on comparisons hatween
computationsl methods and experimental measurements,
Research on boundary layer transition and transitional
flows over nosetips and leading edges at hypersonic speeds
are briefly reviewed. The regions of shock/boundary
layer lnteraciion which control the nose shaping of
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-ablating nosetips are described with particular reference
to thé importance of Mach number and Reynolds number
simulation in experimental studies of these flows. The
characteristics of 2D and ‘3D shock wave/turbulent
interactions-in-hypersonic flows are then described again
with particular reference to solutions obtained to the
Navier-Stokes equations. We conclude with discussion of
compressibility and unsteady effects in hypersonic flows.

H. FLIGHT REGIMES AND PHENOMENA OF INTEREST

AND GROUND TEST SIMULATION CAPABILITIES

While the accurate prediction of three-dimensional
turbulent regions of shock wave/boundary layer
‘Interaction-with embedded. separated -regions over roigh
blowing surfaces represents one of the most difficult
problems from the viewpoint of analysis, it is the
occurrence of extensive laminar and transitional regions
of viscous/irviscid interaction which may present the
designer of high flying hypersonic wvehicles with the
greatest design~ problems. A plot of the Mach
number/Reynolds number and altitude/ velocity
capabilities of a number of high performance hypersonic
facilities are shown together with the flight envelopes
of a number of proposed vehicles in Figures 1 and 2.
Because of the increased stability of the laminar boundary
layer at high Mach numbers, the trans-atmospheric and
the arbital transfer vehicles will be immersed in laminar
boundary layers for -a significant part of their flight,
Laminar viscous/inviscid- interaction regions for large
values of the viscous interaction parameter M Vc*/ze will
cause a significant reduction in the control forces that
‘¢an be developed by elevons or reaction jet controls.
As illustrated in Figure 3, extensive regions of laininar
attached.or separated flow can, in-essence, "fair-in" the
compression surface, reducing their effectivencss.
Likewise, the boundary displaccment etfects may
sigrificaritly modify the effective shape of the
cempression tzmp on a hypersonic intake. Because of
the intrinsic sivucture of hypersonic laminar boundary
layers ovar ceoled sucfaces it may be extremely difficult
‘to develop an 2ffsctive boundary -layer control,

For -at least two concepts currently under study, the
orbital trapnsfur vehicle and the trans-atmospheric
vehicle, designad to operate at very high altitudes, it
has yet to be established that the Navier-Stokes codes
wiil cuccessfuily handle flows on the boundaries of
continuum flow, %=cause of the high re-entry velocities
associated with theye missions it is clear that the airflows
over the vehicles wilt bhe in chemijcal non-equilibrium,
and again incorporaiing non-equilibrium chemistry into
the Navier-Stokes has yet to be accomplished successfully
for the hypersonic flow regime. Surface catalysis must
be considered, and here errors of up to 300 percent can
result from uncertainties in the current prediction
techniques for heat transfer.

The prediction of boundary layer transition remains
one of the most lmportant and difficult problemns in
hypersonic flow, The theoretical studies have failed to
provide either definitive prediction methods or the
framework within_ which to correlate the results from
the experimental studies. Of the many ways which havs
been suggested to correlate transition measureinents from
flight and ground test facilities, describing the beginning
of transition in terms of a2 local Reynolds number based
on either the local momentumn thickness or streamwise
distance and a local Mach number remains the most
popular. A typical example of a transition correlation
of flight and ground test measurements is shown in
Figure 4. The ground test measurements, specifically
those tnade on swepi cylinders, are in surprisingly good

agreement with those made in flight, plotted in this
format. This good agreement may result in part from
the relative inSensitivity of stagnation line transition to
facitity-related disturbances. In many cases surface
roughness can play an imnportant role in controlling
transition on flight vehicles, and correlations employing
the Reynolds number based on momentum thickress and
the roughness height in a form similar to that shown in
Figure 5 can be used to extrapolate ground test datz to
flight. On more complex aerodynamic configurations
however, where adverse pressure gradients are generated
in viscous interaction regions over controls or inlets,
transition can be expected to occur within these regions
at Reynolds numbers of an order of magnitude less than
those presented above.

The largest and most difficult to predict aerothermal
loads which are experienced by an advanced hypersonic
vehicle are encountered under low altitude, turbulent
flow conditions. The severity of the heat transfer rates
and gradients encountered in regions of shock/shock and
shock/boundary layer interaction make it essential for
the designer to have prediction techniques available which
will describe these regions. As discussed later in the
context of flows over indented nosetips, to obtain an
accurate simulation of shock/houndary layer interaction
phenomena in a ground test facility, it is important that
both the Mach nuinber and Reynolds number be simulated.
However, if the boundary layers and shear layers in the
experiments are fully turbulent (without resorting to
tripping) the characteristics of the interaction regions
do not appear to exhibit a strong Reynolds number
dependence. There is, however, a strong effect of Mach
number on the structure of viscous interaction regions
and Mach number independence is not valid for blunt
bodies with embedded shock systems. Also for the
correct simulation of hypervelocity {lows, the effects of
real gas chemistry must be included.

For velocities above 10,000 {t/sec where oxygen is
fully dissociated and nitrogen dissociation and ionization
start to occur, surface related reactions will begin to
influence heating, and real gas effects will start to
influence the structure and characteristics of regions of
siock wave/boundary layer interaction. The first order
effects of air chemistry are to change the specific heat
of the gas and thus the pressure/Mach relationships in
the viscous and inviscid flow equations. It can be seen
{rom Figures | and 2 that with the exception of Shock
Tunnels most of the high Reynolds Number hypersonic
facilities employ nitrogen as a test gas and cannot
generate velocities above 6000 ft/sec.

There are very few {facilities which are currently
operational in which detailed studies can be performed
to study real gas effects in hypersonic flows, With the
exception of ballistic ranges, thie shock tunnels at Calspan
and piston driven shock tunnel (or Stalker Tube) in
Australia are the only operational high Mach number
facilities which can be used to genecrate clean airflows
at the temperatures of above 7000°K (see Figure 6)
neressary to excite both nitrogen and oxygen. The
tremendous power that is being expended during the
running time of these facilities (typically a million
horsepower) underscores why the construction of a
facility to operate at similar conditions with test times
of over | second is a formidable, if not unrealistic, task.
However, there is a clear need for facilities capable of
generating high enthalpy airflows with low ambient
freestream dissociation levels and sufficient test time
for combustion and transpiration cooling processes to
become established, Our experience suggests that most
simple boundary layer flows are established in a fraction
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of a millisecond while more complex flow fields, involving
blowing and flow separation, can take up to 3 milliseconds
to establish. A high enthalpy facility with run times of
up to 10 milliseconds would handle most flows of interest
with ease.

Employing an isentropic compression process to
compress the test gas (rather than a reflected shock)
resuits in a reservoir which has a lower lever of
dissociation, ar* for large drive pressure ratios can lead
to. 'higher stagnation pressures and temnperatures. The
isentropic compréssion tube was one of the concepts
under study in the late sixties along with the MHD
augmented shock tunnell, and the free piston driven
shock tunnel and expansion tube<. It was initially hoped
that stagnation temperatures of up to 10,000°K could be
generated in the Gun and Longshot tunnels, where the
gas is-compressed by a free piston motion rather than
a program piston trajectory for the isentropic tube (sec
Figure 7). The aerothermal loads on the piston have
been such that neither facility has achieved its potential.
Currently stagnation temperatures of less than 2000°K
are obtained in Gun Tunnels and the Longshot facilities
(see Figures 8 and 9); their value lies in their ability to
generate relativety high Mach number/high Reynolds
number with little cost. While interest in the
development of high enthalpy hypersonic facilities
dwindled in the U.S. during the fate sixties and early
seventies, Stalker continued work on a facility to
generate real gas flow at. temperatures up to 9000°K,
As shown in Figure 10, the Stalker tunnel is in essence
a shock tunnel with a compression tube used to supply
the driver gas. This feature eliminates the problems
with operating a high temperature, high pressure driver
section at the expense of a more complex device and
one with shorter run times than the shnack tunnel, which
at the high enthalpy conditions are less than 1
millisecond.  Judicious use of current facilities can
provide insight to many of these nonequilibirum problems,
but it is clear that further inventive development of
hypervelocity facilities are required if vehicles like the
hypersonic transport are to be actively developed.
However, in the short term, problems with real gas
effects, similar to those discussed in the following
section, can at best he addressed with the limited results
achievable in flight tests,

Iff. VISCOUS INTERACTION AND REAL GAS EFFECTS
IN HYPERVELOCITY FLIGHT

The recent interest in hypersonic flight at the edges
of the atmosphere has rekindled interest in hypervelocity
low density flows where viscous/inviscid interaction and
chemical non-equilibrium effects are important. The
success of a hypersonic air breathing propulsion system
designed to operate at very high altitudes, and the
aerothermal performance of the AOTV will depend on
how weli viscous interaction, real gas and surface blowing
effects can be predicted and controlled. Within the past
decade great strides have becn made in the prediction
of free molecular flows and work in this area has recently
been reviewed by Bird’. For continuum flows the
tremendous increase in computational power has allowed
boundary layer displacement and leading edge bluntness
effects to be computed with the full Navier-Stokes
equations, For temperatures up to 6,000 °K the reaction
rates of air are known with sufficient accuracy”’ to permit
solutions to the full Navier-Stokes equations for laminar
flows with non-equilibrium air chemistry to be obtained;
however, there remains some significant numerical
problems associated with the finite rate chemistry, Shock
layer and boundary layers solutions with finite rate
chemistry are now being routinely obtained’. However,
until there is significant improvement in the under-
standing of surface catalysis, such solutions will be valid

only for either fully catalytic or non-catalytic surfaces,
and the differences in heat transfer between these cases
can amount to factors of up to 2. One case in point is
current anomalies associated with mecasured and com-
puted heat transfer rates from STS flights 1, 2 and 3.
While for altitudes above 150,000 feet the codes predict
nonequilibrium effects associated with a lag in the
nitrogen recombination rate (oxygen remains fully
dissociated), the best comparisons have been obtained
with calculations based on equilibrium air properties
(see Figure 11). Since in hypersonic flows the windward
pressures reflect the momentum of the incident molecules
(Newtonian theory) and not their chemical state, they
are only weakly influenced by noncquilibrium effects.
When such effects become large they are gencrally
associated with regions of strong expansion or smooth
comgression process where their effects on 3" are
important. Under such circumstances the pressure is
also strongly influenced by viscous/invisicid interaction
effects as illustrated by wedg;:/ﬂat plate shock tunnel
studies of Vidal and Stoddard’ where the pressures on
the flat plate downsiream of a strong expansion were
influenced by viscous effects to a greater extent than
by chemicai non-equilibrium. * For the flows over the
Space Shuttle, in the absence of viscous interaction, rcal
gas effects would result in higher pressures on the leeside
and slightly lower pressures on the windward side.
However, the flow over the control surfaces are
significantly influenced by viscous interaction effects as
are those on the leeside, and to reconcile the differences
between force measurements made in wind tunnels and
flight solely on the basis of an equilibrium inviscid code
to correct for real gas chemistry (as suggested by Maus
and Griffith8) might be an interesting but slightly
misleading first step. It is of interest to note that the
greater-than-expected  positive  pitching  moment
experienced in flight could also be explained directly in
terins of a loss in flap effectiveness as a result of
increased size of the interaction region at the lower
Reynolds numbers encountered in flight., The f{orce
measurements made on the shuttle model at low Reynolds
numbers in the Calspan Shock Tunnel, but apparently not
included in the design data book (shown in Figure '2)
add support to this contention.

While in principle it is possible to describe laminar
non-cquilibrium interacting flows exactly within the
framework of the Navier/Stokes equations once catalytic
wall effects are understood, at the higher altitudes where
wall sliz effects become important the governing
equations are not as well defined. However the gencral
success obtained with extending simple viscous layer
methods into the transition regime using simple slip
models’ (see Figure 13) suggests that extending the
Navier/Stokes codes to describe transitional flows using
a similar approach could be productive. It is in this
flow regime where nonequilibrium, viscous interaction
and wall slip effects are important that there is a signifi-
cant need for detailed theoretical and experimental
research,  While there are surface measurements of
pressure and heat transfer available!V there is a clear
need for measurements in high velocity airflows of the
detailed flow structure, particularly near the wall, to aid
in modeling the slip flow. These measurements must be
made in high enthalpy airflows, where real gas effects
are important, to capture some of the essential physics
needed to check the modeling. Complementary studies
employing NASA's proposed Entry Research Vehicle and
high enthalpy Shock Tunnels and Plasma Jets could
provide the required information on catalytic wall,
viscous interaction and slip effects in non-equilibrium
airflow that is required to obtain an accurate predictive
capability for hypervelocity flight at high altitudes,
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IV. LAMINAR VISCOUS/INVISCID.INTERACTION

IN HYPERSONIC FLOW

In high Mach numbér, low Reynolds number flows,
the interaction between the growth of the laminar
boundary layer and the outer inviscid flow over the
nosetip or leading edge, and subsequent interaction over
contro! surfaces or inlets can play an important role in
determining the aero-thermodynamic performance of a
high flying hypersonic vehicie. Also, because most
practical vehicle designs employ blunt leading surfaces,
the entropy layer can have a strong influence on the
structure of the boundary layer upstreain of the
-interaction, and on the pressures and heating rates on
the compression surfaces. As illustrated in.the schlieren
photogranhs shown in Figures 14 and 15 for flow over
flat plate/wedge and curved compression surface, &t high
Mach numbers it is difficult to distinguish between the
separation shock and the edge of the viscous layer, while
in supersonic flow these feuatures are distinct, An
important feature of the structure of a hypersonic
laminar boundary layer over a cooled wall is that nost
of the mass and inomentum is contained at the outer
edge of the boundary layer, thus making it difficult to
employ boundary layer contra!.

The importance of viscous interaction and leading
edge bluntness’ on the flow over a two-dimensional
compression corner are illustrated by the measurcments
of heat transfer, skin friction .and pressure shown in
Figure 15. Here on the configuration with the sharp
leading edge, the viscous interaction extends 20 boundary
layer thicknesses downstream of the corner, at which
point the pressure has risen two orders of magnitude to
the inviscid wedge value. In contrast, the flap pressure
(and heat transfer) on the configuration with the blunt
leading edge are dominated hy entropy swallowing etfects
and rise to no more than five times the values just
upstream of the corner interaction. In this study it was
found that while bluntness was found to decrease the
size of the reverse flow embedded within thé interaction
region, flow separation occurred at approximately the
same wedge angle. In a subsequent study it was also
shown that, in contrast witih turbulent flows, the angle
through which the flow could be turned without inducing
separation could not be changed by radiusing the corner
until the corner radius approached at least 15 initial
boundary thicknesses. While, as discussed below,
Holden!1 was able to obtain predictions in reasonable
agreement with measurements made in these studies
employing boundary layer equations woditied to incor-
porate the normal pressure gradient, it is clear that such
predictions are now best obtained with numerical
solutions to the full Navier-Stokes equations. However,
without the massive computational facilities currently
available, the devisors of earlier prediction methods
employed the boundary layer equations, coupled through
equation describing a displacement surface, to the "outer
inviscid" flow.

Laminar Two-Dimensional Viscous Interaction

The increased stability of the laminar boundary at
high Mach numbers, and the ease with which laminar
boundary layers separate, coupled with interest in high
altitude hypersonic flight, has made laminar flow
separation in two- and three-dimensional intzractiug
flows of considerable practical importance. Experimental
studies and flight tests show that the very large heat
transfer rates and gradients generated in the reattach-
ment reglons of laminar separated flows in high speed
flight are of considerable importance to the heat shield
designer. The simple viscous interaction flow models

that have been devéloped to describe laminar two-
dimensional separated regions have their origins in the
earlier studies of Howarthl?, Lighthill 3 and Oswatitsch
and Wieghardt!%, who proposed models for the mechanism
of upstream influence and boundary layer separation. It
was then shown that upstream influence and flow
separation could be described with good accuracy by a
model in which the viscous layer grew by mutual
interaction with the outer inviscid flow. Glick 5, usin
a semi-empirical modification of the Crocco-Lees
method based on this "free interaction" model, was able
to describe successfully the propertie? of a complete
shock-induced separated region. Honda 7 and later Lees
and Reeves!d added a third equation, the moment of
moméntum equation and obtained generally good agree-
ment with measurements in supersonic separated flows
over adiabatic walls. To describe separation in Jaminar
viscous interaction regions under highly cooled wali
conditions and to predict reattachment heating, Holden!?
added the integral form of the encrgy equation to the
equations for mass, momentum, and ioment of momen-
tum employed by Honda, using Cohen and Reshotko's0
similar solutions as proposed by Lees and Reeves. Good
agreement was found between theory and experiment at
Mach numbers in the low hypersonic range; however, for
highly cooled flow above Mach 11 the laminar houndary
layer exhibited a “superciitical response™, At high Mach
numbers, Holden!! "showed that the normal pressure
gradients must be included in the description of
hypersonic interaction regions to describe such flows
correctly. A comparison between Holden's theory and
the measurements of skin friction, pressure and heat
transfer made on the flat-plate, 180-wedge is shown in
Figure 16, Incorporating dp[dy into the formulation
enabled a solution to be obtained where previously
artifices, such as the super-subcritical jump, would have
to be employed to overcome the problens inherent in
conventional houndary layer theory for cooled walil
hypersonic flows.

While Carter2! obtained one of the first solutions
to the Navier-Stokes equations for separated flows, the
technique developed by Hung and MacCormack??
represents the first relatively efficient method devised
to predict the characteristics of laminar separated {lows.
Using the Navier-Stokes code developed by Hung and
MacCormack, taminar solutions were obtained for com-
parison with the experimental measurements at Aach 16,
Comparisons between the Navier-Stokes solutions and
measurements in attached, incipient separated flows are
shown in Figures 17a, b, and ¢, For attached flow over
the flat-plate wedge configuration (Figure 17a), the
theoretical predictions are in excellent agreement with
the experimental data. In particular, the form of the
heat transfer and skin friction in the region of minimum
heat transfer is well reflected by the theoretical predic-
tions. Both theory and experiment display a minimum
skin friction downstream of the corner or the wedge.
As the strength of the interaction is increased to obtain
a small separated region, the heat transfer dips sharply
ahead of tha corner, displaying a cusp-like form in the
presence of a separated region (Sece Figure 17h), Again,
the skin friction distribution is well predicted by theory,
For the well-separated flow (Figure 17¢), the Navier-
Stokes solution significantly underpredicts the size of the
separated region. While the form of the distributions
and the absolute levels in the plateay and reattaclunent
region are well predicted, the separated region is
approximately 0.6 of the length found in the experiment,
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Laminar Three-Dimensional Interactions

Most studies of three-dimensional interaction have
been conducted to examine flow in the corner of two
intersecting wedges with sharp leading edges aligned at
an angle.of 90 degrees with each other. Stainback27,28
made detailed heat transfer and pressure measurements
in taminar flow over such a configuration at Mach 5,
and later at Mach 8, for a .range of Reynolds nuinber to
identify transition. These experiments led Stainback to
distinguish between two flow regions: the near corner
with which most previous theoretical wark had becn
concerned and the far corner which had tcen studied
experimentally (see Figure 19). The near cérner was a
region of mutual interaction of two boundary layers and
resulted in lower heating. The far corner was the region
of mutual interaction of the two inviscid flow fields
caused by the intersection of the two flat plates forming
the corner. In subsequent studies, Stainback and
Weinstein29 further observed that interaction between
the mutual boundary layers in the corner results in a
decrease in heat transfer in the very near corner. Away
from the corner, the vortex systemn and reattaclunent of
the boundary layer downstream of the shock induced
separation (see Figure 19) results in an increasc of heat
transfer outboard of the near corner region. The basic
structure of laminar interacting flows was defined in
studies by Charwat and Redekeopp30 at Mach 2 to 4.
Studies in hypersonic flow by Watson and Weinstein3!
demonstrated similar features. Figure 20 shows the flow
structure established from pitot pressure and flow
visualization measurements. The shock waves generated
by each wedge are joined by a third shock wave, bordering
Zone 1 and the freestreamn flow. Slip surfaces pass from
the ends of this third shock towards the corner, Shock
legs extend to the surface -- a curved shock between
Zones 11 and Ul and a spread of the corner disturbance
outside of the inner shocks. Kutler et al.,3Z have shown
that shock capturing techniques describe the inviscid fiow
with good accuracy; however, viscous characteristics,
particularly with laminar flows, where viscous interaction
is important, are predicted with significantly less
accuracy.

V. TRANSITION TO TURBULENCE IN HYPERSONIC
FLOWS

While boundary layer transition is one of the most

‘important parameters in the design of hypersonic

vehicles, there remains a considerable gap beiween
"engineering" efforts to correlate the occurrence of
transition and fundamental theoretical studies, The
engineering studies have concentrated on correlating
experimental measurements of transition obtained in
flight tests, ballistic ranges, and wind tunnels against
almost every conceivable parameter, while the
fundamental studies have been aimed principally at
exploring the modes of instability of the laminar
boundary, The basic problem is that boundary layer
transition is controlled by the detailed aerodynamic
environment as well as the Reynolds number as
demonstrated by Osborn Rcynolds33 in his classic studies,

Both theoretical and experimental studies of
transition in incompressible flows have suggested that,
in the absence of large freestream disturbances or
disturbances from within the bogndary layer, the two-
dimensional Tollmien-Schiichting % model is a good
representation of the initial breakdown of laminar flow.
However, when velocity fluctuations of over 10 percent
are introduced into the f{reestream, "by-pass" nodes
involving the generation of three-dimensional, stream-
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wise, vortex-like instability may be the principal
mechanisms involved in the transition process. Mack
among others, has speculated that a helical instability
mode should be the dominant feature of the flow
upstream of the non-linear breakdown into turbulence of
a laminar houndary layer in supersonic flow. However,
the lack of direct evidence to support this prediction
has slowed theoretical developments of this nature., An
understanding of how disturbances in the freestream
influence transition requires knowledge of the coupling
mechanisms between the laminar boundary and the outer,
inviscid flow. While, in most instability problems, it is
necessary only to calculate the conditions for the
existence and growth of a disturbance, transition
prediction using lincar stabiity theory rests almost
completel% on the ability to trace the origin of the
instability 6,

Experimental studies of transition are of little
general value unless it can be shown that the instability
modes in the boundary layer rcmain unexcited by
disturbances in the freestream or respond to stronger
disturbances generated within the boundary layer, for
example, by surface roughness. As discussed carlier, the
author remains openly skeptical of the general usefulness
of any transition data gathered in any wind tunnel.
However, the agreemnent between the measurements of
transition Reynolds number made in large, high Mach
number facilities, like the Calspan Shock Tunnel, with
free flight measurements _suggest a low level of tunnel
noise. Studies at AEDC37 and NASA-Langley?8 have
demonstrated that, in conventional supersonic wind
tunnels, the Reynolds number at whicl transition occurs
is strongly Influenced by the fluctuating\,pressure level
in the freestream. Pate and Schueler’/ have demon-
strated that the level of pressure fluctuation can be
refated to the geometric features of the tunnel used and
to the characteristics of the boundary layer on the tunnel
walls, and a decrease in tunnel size for the same
freestream conditions should result in a decrease in the
transition Reynolds number. Comparing measurements
made in the Calspan Shock Tumnel, shown in Figure 21,
we observed Re % variation and not a jump in Reg
with tunnel size.

Correlations of the transition measureinents made
on sharp cones and flat plates in studies at Calspan,
flight weasurements reported by TRW, and measurements
in the ballistic ranges at AEDC and NSWC are shown in
Figure 22. A {urther comparison between tunnel
measurements and those made in the more recent studies
of Reda3?, plotted in terms of the unit Reynolds number,
are shown in Figure 23. We find relatively good
agrecment between the two sets of measurements, and,
in common with the studies of Potterl‘o, Sheetz#! and
Reda, we observe a unit Reynolds number effect. The
source and significance of the unit Reynolds number
cifect have been the subject of extensive debate. The
analyses of Morkovin¥2 and Reshotko%3 have suggested
that the unit Reynolds number effects imay be traced to
a sensitivity to the non-dimensional frequency (Ug2/Ve)
or to the wavelength of the disturbance (Up/2/); however,
in reality, the disturbance-inducing transition may stemn
froin superposition of a number of different mechanisins.

A composite of the schlieren-photograph and heat
transfer records obtained at Mach 13, shown in Figure
24, presents a "good picture" of the general structure of
the transition region. The "spikes" in the laminar heat
transfer trace, which mark the beginning of the transition
process, can be described as turbulent bursts, which are
fairly well structured, and which travel at very close to
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the velocity of the inviscid flow. As these bursts are
convected downstream, they begin to break up into large-
scale instabilities. The convection of these large-scale
eddies past a thin-film gage gives rise to the intermittent
characteristics shown in Figure 24. As the spectrum of
turbulent scale sizes fills out, the heating to the surface
approaches the turbulent heating range. Photographic
examples of "wave-like" instabilities which preceded the
large-scale breakdown into turbulence are shown in Figure
2.. In many cases, wave trains would be a mJre accurate
description for, as shown in Figure 25, there were many
instances where these instabilities did not undergo a
significant change in structure as they were convected
along the cone. High-speed photographs obtained with
the Cordin camera indicate that, in fact, these
instabilitles "twisted" as they were convected
downstream, suggesting a ‘helicnl structure. Following
the region of "wave-like" instability, the laminar boundary
layer began to develop large-scale instabilities at an edge
(see Figure 26); then, transition began. Photographic
examples of the development of the transition region
following the "wave-like" instabilities discussed in the
previous paragraph are shown in Figures 26a and b, In
Figures 26c and 26d, we see the gross instabilities
developing as they were swept downstream, culminating
in some very-large-scale turbulent bursts., These dis-
turbances traveled down the cone at convective velocities
between 0.5 and 0.8 of the freestreamn velocity. The
gross size of the eddies generated in this region is of
the same order as the boundary layer thickness. In
Figures 27a and 27b, are shown examples of the gross
mixing In the transition region which precedes the
development of the turbulent boundary layer. These
photographs show the "wave-like" instability, followed by
by the gross instability, followed by a region in which
there is Jarge-scale turbulent mixing. In the latter region,
it appears that the scale of the turbulence excéeds that
in the following, fully turbulent boundary layer; it is in
this region that the heat transfer overshoot occurs. In
a large number of studies in hypersonic flows, it takes
many boundary layer thicknesses before the scale sized
of the turbulence generated in the transition process are
no longer of importance. Figure 28 shows a compilation
of measurements made of the velocity exponent (n) in
the relationship & = (-4)'/7  obtained downstream of
the transition region in hypersonic flow. Immediately
downstream of transition n reaches a pcak, reflecting
the existence of a predominance of large scale eddies
In the boundary layer. These eddies break into smaller
eddies as they are transported downstream. However
transition lengths from 50 to 100 boundary layer thickness
are required before the turbulent boundary layer
approaches equilibrium.

VI. TRANSITIONAL AND INTERACTING FLOWS
OVER NOSETIPS AND LEADING EDGES

The occurrence of boundary layer transition and the
subsequent turbulent flow in stagnation regions or on the
attachment line of a highly swept leading edge of a wing
or intake will have jmportant impact on the design and
aerothermal performance of hypersonic vehicles. In fact
the trajectory flown by such vehicles may be selected
in part on the basis of transition criteria. In general
the application of *he easurcinents of the occurence
and mechanisin of boundary layer transition made in
hypersonic facilities to predict transition on flight
vehicles has in fact inet with little success except where
transition is tripped by roughness or a disturbance induced
on the surface of the body, Recently, however, it has
been shown by Poll%¥ and others¥? that transition on the
surfaces of flight vehicles like the Space Shuttle, with

bighly swept leading edges, may be predicted with good
accuracy from transition measurements made in ground
test facilities. One explanation for the success of  the
wind tunnel based predictions in this instance may lie in
understanding that the underlying mechanisins of

‘transition is a "by-pass" disturbance that is’ generated on

he body rather than external to it. .For models whose
suv-face roughness generates disturbances large enough to
exceed those generated externally, transition may be
controlled principally by the unit Reynolds number of
the freestream and the modeis geometric characteristics
rather than those of the tunnel in which the
measurements were made.

While there have been a number _of correlations
suggested over the years to correlate’/~7# the occurrence
of boundary layer transition on rough surfaces, the most
recent work by Batt and Legner’~ appears to he one of
the most comprehensive and useful. As shown in Figure
5 the occurrence of transition was found to be best
correlated in terms of a Reynolds nuniber based on
momentum thickness at the start of transition and non-
dimensional roughness height K/¢' , where k&k (1+350n#/z,)

and g=g»r./te . This correlatéon is supported
by range measurements made by Reda*® who however

suggests a transition criteria in terms of a roughness

Reynolds number o, ¢ &fax » based on the local
propertics at the edge of the roughness. Using either
criteria it is easily shown that for a significant part of
the trajectories proposed for a transatinospheric vehicle,
surface irregularities of the order of 1/1000 inch would
trip transition.

As shown by Pollsl‘, the junction between a highly
swept wing or intake and forebody can act as a large
trip forcing transition to turbulence on the attachment
line of a leading edge at relatively low freestream
Reynolds numbers, = For these flows it has been found
that, «(@Ue/dy)[v*)"" is a characteristic dimension, and
the crosstlow Reynolds number n* ofv = 210 at which
transition occurs is independent of Mach number (sce
Figure 29), Clearly further studies in hypersonic flows
are required to examine the validity of this relationship
and determine Mach number and wall cooling effects.
However, as shown in Figure 30, the Mach nunber
dependence suggested by this relationship is not
inconsistent with the transition measureinents on sharp
cones and rough nosetips in hypersonic flow, One of the
most severe aerothermal loading conditions couid arise
if a strong shock, from an external component or from
an engine or pod mounted on the swept wing, is incident
on the turbulent houndary layer over the attachment line
as discussed in Section VIII. Currently the only measure-
ments available in regions of shock/shock interaction
have been made for laminar flow over smooth surfaces.
As in the case of shock/shock interaction on the indented
nose shapes discussed in the following section, we believe
that the largest heat loads are generated in turbulent
interaction regions ove: rough surfaces.

Shock/Boundary Layer Interactions on__Indented
Nosetips

Measureinents made in full-scale f{light tests and
ground test facilities with ablating nosetips have
demonstrated that under many re-entry cond'%tions
concave or indented noseshapes can be developed > as
the nosetip ablates. The increased heating resulting from
boundary layer transition close to the sonic region is
responsible for the initial development of the indentation.
Subsequently, the large heating rates which are developed
in the recompression region resulting from shock-
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blowing are not additive, in most codes the magnitude
of rough-wall heating and surface blowing are calculated
by essentially superimposing calculations based on models
of these two effects considéred separately. In these
codes the assumption that surface roughness plays the
primary role in controlling heating .augmentation may be
significantly in error when applied to highly ablating
surfaces, If, as we deduce froin the experimental studies,
surface blowing effectively smooths the rough surfaces,
then selection of an effective roughness height as the
single  correlating  parameter  connecting  flight
measurements with code predictions may be in error.
Also, since most predictive techniques employ an
effective sand-grain roughness as the single iength scale
characterizing roughness size, there continues to remain
a key problem in defining the surface topography of a
rough hypersonic vehicle.

The eaperlmental studies of Nikuradseb2 and
Schlichting®?, both hydraulic pipe flow studies, were
principally responsible for the selection oi sand-grain
roughness as the standard against which to measure
relative effects of other types of roughness. Although
this standard has been frequently employed, the topo-
graphical characteristics of a sand-grain surface have
yet to be defined, In fact, because of the experimental
difficulties involved in the preparation and inspection of
rough surfaces Inside a small-diameter pipe, it s
surprising that Nlkuradse's results are as consistent as
reported, For fully developed pipe flows, Nikuradse
established that the parameter controlling the similitude
of the flows is the roughness Reynolds number (4k[i- ).
This parameter (E’QK) was selected in many subsequent
studles to characterize boundary layer flows where other
non-dimenstional groupings (such as kg /8" ks Je , etc)
might have been considered more valid, The Schlichting
studles, conducted with roughness of well-cefined
geometric shapes, provided the first set of measurements
which could be reproduced in both experlinental and
theoretical studies. The results from these studies,
together with those from a number of subsequent
investigations in subsonic adiabatic flows, were correlated
by researchers to yield relationships between an
"effective sand-grain height" and parameters which
describe the geometric features of the surface--a step
which further perpetuated the use of sand-grain roughness
as a standard. The Dirling correlation, see (Figures 39
and 40) is one such plot, from which an effective sand-
grain roughness height can be determined from knowledge
of peak-to-valley roughness height together with the
shape and spacing of the roughness elements, While
there is- little direct supporting experimental evidence,
the "lambda" form of the correlating curve is assumed
to reflect a sudden change in flow structure from an
“open" to a "closed" cavity flow around (hetween) the
roughness elements as the spacing between the roughness
elements is varled. Do open and closed cavity f{lows
really exist on rough surfaces constructed from three-
dimensional roughness elements? Is not the structure of
the flow around the elements also dependent upon the
local Reynolds number, a parameter not taken into
account in any such correlations? 1f an effective
roughness height can be accurately determnined from a
‘bump curve', this dimension must be combined with key
fluid dynamic properties to yield a non-dimensional
parameter or groups of parameters with which to
characterize the flow, The roughness Reynolds number
Bey (YpK[v,)  originally used by Nikuradse, and the
non-dimensional roughness heights K/§% K[6, and K[or

(where§*,6n , and & are the displacement, momentum,
and thermal energy thickness respectively), have all been
used to correlate the aerothermal effects asscciated with
boundary layers over rough re-entry vehicles, To date,

however, no single parameter or combinations of
parameters {e.g., Rey,k[@ ) has been used with any
great success to describe the general similitude of
turbulent boundary layers in supersonic and hypersonic
flows -over rough, highly cooled walls.

The_ studies of Dvorak6“, Beégermannéj, Lewis(’G,
Simpson®/ and more recently Lin”°® and Finson®? have
provided further insight into the basic effects of
roughness shape and spacing on the characteristics of
the rough wall boundary layer and skin friction and
heating to a rough surface. Dvorak combined the effects
of roughness shape and spacing into a single parameter A

(the roughness density), defined as shown in Figure 40.
He linked the downward shift in the velocity profile
oU[Ug _ to a combination of roughness Reynolds
number  Re, (g K[Vy)and A through the relationship

A '} 42 . QU (KU 5
v T X (‘%“)’A U¢ (T

In incompressible flows the smooth regime, where the
surface shear is entirely due to viscous shear is defined
by kuglv<s Atlarger  fey ,(5¢Rey <70)  , the
surface shear .c romposed of .form drag on the roughness
clements combined with viscous shear, For K-;:t- >0
the surface shear 1esudts principally fium drag, and
viscosity is no lonner o factor in conirolling the velocity

profile.  For fullv rough f{lows, Equation | can be
rewritten —’”"(.:‘(E)+A f AU 1l KU N2
Ut X K, i Uf’ X 4
where QU | 14n [ RUp \ , g
5 - 4 (--n« ) £

which Is a function of the roughness density, Here it
should be noted that £(A)=A U'where Uy is the velocity
close to the top of the roughness efements and A(2$) is
the smooth wall constant. Now the definition of
Nikuradse's sand-grain roughness is basically

v L hn oy g .

— g = + 85 .....3

Ug X Ks
Hence, combining equations 2 and 3 we obtajn

£CA) = - [3 v £
which is generally correlated by two relastlonshlps. The
existence of two regions has been rationalized on physical
grounds, supported by experimnental studies in two-
dimensional flows. There is serious debate about whether
a significant change In flow structure occurs as three-
dimensional roughness elements are drawn together,
Certainly the measurements with stone roughness do not
exhibit such a trend. This is particularly unfortunate,
since Nikuradse's data falls on the line constructed
principally from data obtained on roughness constructed
by two-dimensional machined grooves,

Finson's engineering model based on the early
concepts ¢f Liepmann and Goddard’0 and his (Finson's)
detailed numerical calculations provides a good basis for
interpreting the physical phenomena of key importance
in rough wall heating, as well as a relatively simple
prediction technique. The shear on a rough wall can he
expressed as the sum of the viscous and form drag of
the rough surface:

r 2 7
=C r ) LY d(v)
P = Lguse /5‘ P U Cp 81Y) -5 dy

where 8(} is the blockage factor, and d(y} and 9 are
the diammeter of the roughness clement and the spacing
between elements, respectively.  Fromn his detailed
numerical solutions, Finson showed that » and « were
relatively constant between the base and top of the
roughness clement at values g, close to the top of
the roughness, and this equation becomes
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where Ap/A, s the ratio of projecied aréa of the
roughness elément in the direction of the flow 1o total
area of the flow on which they stand, and 8 (%) is. the
average value of 8(y) .

For compressible flows Finson found that
Yy, = 0247 #.23¢ g /fﬁ s
e
Therefore, assuining 2Fg is the smooth wall heating
level, it Is possible to relate the rough wall skin friction
1o the smooth wall value in the generalized form

CF poi ; . K R
RoUsH = 14 A E\u 2 X
Z;:Hgor,‘ 7 .]“(/46)7104 BI*IZ(A'B,(D)’CD)
and the relatfonship for heat transfer is assumed of the
same form, .
Cy ‘ Tw K ! X
St oeven = [ Me, 2 =) fy (A,B(5) ¢
CH swoorh 7l '7e @ ( ’ ’(D) )
If we assume that the product of-the blockage factor

and Gp are Invarient with roughness shape and space,
then for constant local free stream condition, we get
the Dvorak-Simpson Parameter:

¥ saven = f Aﬁ

CH 3m As
A.silghtly diffecont form canbe obtained by the subsonic
blunt- body approximation

Cn = CD:{/‘[A/”/AM)
rather than AJ/Af to obtain the

parameter,
43

f_/_{ﬁowll - /’/_2 ,/‘7«%) >
CH smootn X (77’:

where the varlous areas are lllustrated in Figure 39,

and using  D/k
éorrelation in terms of the Dirling?

in recent studies of effects of roughness shape and
spacing an the heat transfer and skin friclion to the
roughness, noselips, frusta and flaps of a typical MRV
configurasion, Holden®! used hoth the Dvorak/Simoson
parameter Ag/Ap and the Dirling parameter/ (32'5and
achieved reasonable success in correlations, In these
tiudies, the effects of roughness shape and spacing on
the heat transter and skin friction both for suriaces with
sand-grain toughness and those <constructed  with
geometeically ivell-defined bhemispherical and conical
roughness elemients were examined, Also, heat transfer,
skin-friction. and pressure-distribution ineasureiaents
were cobtained on spherical and ablated noseshapes,
conical frusta, and the control surfaces of MRV vehicle
in hyperscnic flow, Typical measurements and corre-
lations are shown in Figures 41, 42, 43 The results of
this work have damonstrated that the low-speed
measurements i Nik:sradse62, Schiichting®, and cthers,
and the correlatinns of Diriing”lSimpson*”’. cannot be
used directly to predict rough-wall heating and skin
friction in supersonic and hypersonic flows over non-
adlabatic surfaces, Even the inore solidly founded
prediction scheme developed by Finson®”, which is based
upon dis detailed -numerical solutions, consistently
overpredicts the roughness-enhancad heating levels in
high-spced tlows. While direct measurements of the ekin
friction of, and heat transfer to, geometrically well-
defined rough surfaces provide the apportunity to more
closely evaiuate the accuracy of the current shape-change
codes and the more fundamental treatments like that of
Finson in high Mach number, high Reynofds number flows,
there remains a basic need (¢ define more closely the
fundamentals of the ffuid dynzwnics which controf

momentum and energy exchange in high-speed flows over
adiabatic and non-adiabatic surfaces,

Voisinet'sé0 studies of the combined effects of
roughness and blowing were conducted at Mach 6 under
adiabatic wall conditions. The medsurements made in
these studies have clearly demonstrated that the
combined .effects of blowing and roughness on skin
friction cannot be described in a simple manner. The
effects of surface roughness alone on skin friction were
shown to he correlated in terms of the roughness Reynolds
number Zex; a result consisten with earliey measurements
on adiabatic walls by Goddard’" and Reda’ 4. In contrast,
measurements on model placed in the flow involving
significant Jevels of heating ( Hy [, = 0.5) have in
general correlated better with parameters like [§, K[ Gor
K /87 which, as shown by the theoretical studies of Dvorak
and Finson, should have greater refevance to roughness
effecis on  re-entry vehicles. Voisinet's studies
demnonstrated that the effects of surface roughness and
tlowing. on skin friction cannot be deduced from simple
expressions derived from the measurements made vf each
of the separate. effects.

The measurements made in  studies  with a
transpiration cooled model with and without blowing is
shown in Figure 44 together with méasurements of the
heating rates to rough and. smoovis non-porous
hemisphezical odels at the samne condition,  The
measureinents on the model with zero blowing, shown in
Figure 44, clearly show that the intrinsic roughness of
the surface causes heating enhancement factors of over
1.7, In fact, it can be seen by comnaring Figure. &4
and 45 that the heat transfer measurements on the rough
hemisphere are In good agrecment with thosé ob:ained
on the non-blowing transpiration-cooled nosetip model
such that they would be blased toward the farger heating,
When a small amount of blowing (  [pucy, = 0,032) was
introduced, the heating rates over a imajor part of the
transpiration-cooled model dropped to levels close to
those recorded on the smouth model, as shown in Figure
4y, 1t could be postutated, on the basis of these
measurements, that the initial effcct of mass addition
froin a rough ablating nosetip is to modify the flow
around the roughness elements, by eliminating the cavity
flows, in such a way that the momentum defect
introduced by the roughness is small as illustrated in
Figure 46, How does roughness shape and spacing

influence the heat transfer to the surface in the prescnce:

of mass addition? Are the current relaticnships which
have been developed froin an essentially subsonic,
adizbatic flow data base, to descride roughness heating
on biunt nosetips applicable to the hypersoiic flow
transpiration-cooled vehicles? Holden's studies of rongh-
ness shape and spacing effects on ton-ablating
configurations suggest thar not only are the subsonic
studies inapplicable to the heating of heat shizlds in
hypersonic flow, but further that the basic inodefing of
the roughness drog and mechanisias of heating in the
theoretical modris is highly questionable. In these studies
it was showe that even in mildly supersonic flow,
shocklets are clearly evident (sce Figure #7) around each
roughness efement, Thus not-only is the model of drag
incorrect, the entropy layer associated with each shocklet
contributes to a higher temperature/ lower noinentuin
flow around the roughness elements than described in
the current roughness models.
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Vill, SHOCK.WAVE/TURBULENT BOUNDARY LAYER

‘INTERACTIONS. IN HIGH SPEED FLOWS

Two-Dimensional Shock-Wave/
Turbulent Boundary Layer Interactions

The development of two-dimensional turbulent
separated regions, induced in a compression corner, and
at the base of an Incident shock, with increase in
interaction strength in hypersonic flow as obtained by
Holden’", are illustrated in Figures 49 and 50, Separation
is first observed in the laminar sublayer and a well-
defined separation bubble is clearly visible in Figure 49,
The initial development of the separation region takes
place by an elongation Into the faminar sublayer, with
the separation and reattachment shocks combining within
the boundary layer to form a single shock, Only when
the separation point has fed well forward of the junction
Is a well-defined plateau region forined, Then, in contrast
to laminar Interaction regions, the separation shock
originates at the bottom of the boundary layer and is
contained within the boundary ‘layer until it coalesces
with the reattachment compression process, In separated
regions induced by an externally generated shock,
separation first takes place in the region where the
incident shock strikes the laminar sublayer, see Figure
50b, The separation point moves forward with increasing
strength of the Incident shock until the separation shock
becomes visible in the Inviscid flow downstream of the
incident shock; as yet, separation {s still downstream of
the point where the Incident thock passes through the
edge of the boundary fayer., For large incident shocks,
boundary thickening occurs ahead of the incident shock
in an analogous fasion to lawminar flow separation,
However, as in wedge-Induced separated regions, viscous-
inviscid interaction takes place almost entirely within
the original boundary layer. The structure wedge and
shock-Induced turbulent interaction regions at Mach 13
are very similar to those at Mach 8; however, as we
might anticipate, the viscous interaction region and the
assoclated shocke are even more firmly embedded within
the original boundary layer,

Surface measurements with  high frequency
Instrumentation Indicated that turbulent separated
reglons were highly unsteady, and typically the separation
point would osclllate In a streamwise direction with an
amplitude of approximately one-quarter to one-third of
the local boundary Jayer thickness, at frequencies in the
range from 1 to 10 kHz (see Figure 51). The unsteady
character of the records f{rom transducers in the
recirculation region indicated it could be unrealistic to
assume that a laminar sublayer model, in the conventionat
sense, could be used to describe the lower part of the
recirculating region as is done in some of the triple deck
calculations, The mean distribution of skin friction, heat
transfer and pressure to the wall's hounding, both shock-
and wedge-induced interaction region were similar for
well-separated flows with identical total pressure rises,
both the pressures and heat transfer distributions are
characterized by weli-defined plateaus in the
recirculation region and large gradients in the separation
and reattachment regions. The maximum heat transfer
rates generated in. the reattachwinent regions of these
flows is, of course, of considerable importance. Holden
found thot for separated interaction regions the maxitnum
pressure and heat transfer measurements over the Mach
number range from 2 to 13 could be correlated in the
form shown in Figure 52,

The influence of Reynolds number on the size of
two dimensional separated regions remains unresolved,

Most of the early studies of shock wave-turbulent
boundary layer interaction were made in the turbulent
boundary layer over a: turmel wall, Major discrepancies
were found between experimental facilities; for example,
the measurements of Bogdonoff and Kepler/® dittered
considerubly from those of Gadd’7 for identical
freestream Mach numbers and interaction strength, when
both experimeénters had indicated that there was little
effect of freestream Reynolds number on the length of
the se?arated region. However, the measurements of
Green 8, Roshko ?nd Thomke’ Lawgo, Settles,
Bogdonoff and vas3l, and Appelss-, all made under
adiabatic wall conditions, indicate that increasing
Reynolds number decreases the -size of a turbulent
separated region. _in contrast, the studies of Chapman
Kushn and Larsonsa, Kuehngl‘, and Holden”, Elfstromg"’
and Appels®® at hypersonic speeds, all conducted on
"highly coaled" 1nodels mounted in the test section, have
shown the opposite trend. As in the case of incipient
separation, the answer may lie in changes in the
equilibriurn structure of a turbulent houndary layer with
Reynolds number. This hypothesis is rupported by present
measurements of shock- and wedge-induced separated
flows at Reynolds numbars of up to 3 x 107 by Holden”",

In the experimental studies hy Holden, where
dynamic measurements of the skin friction in turbulent
Interaction reglons were made, the separation conditions
were defined when the time average of surface shear at
one point on'y on the surface was zero (see Figure 51),

Comparisons with Navier-Stokes Solutions

The complexity of the flow field in regions of shock
wave/turbulent houndary layer interaction is such that it
is unrealistic to expect to describe such regions in any
detail within the framework of the houndary layer
equations, Indeed their are some who would question
whether the time or mass averaged Navirr-Stokes
equations capture the basic fiuid mechanics associated
with the intrinsically unsteady nature of separated
regions. In  hypersonic  flows the effects of
compressibility on the structure and development of
turbulence must also be considered.

While there have been strenuous efforts to obtain
predictions of 2D and 3D turbulent interaction regions,
it is currently recogrized that “successes" with "Navier-
Stokes" code in describing some 31D turbulent interactions
regions iv a result of the dominance of the pressure and
inertial tarins in these flows. In these latter comparisons
(References 88 & 89) it was found that the medeling of
turbulence could be changed without significaitly
changing the numerical solution. For 2D interactions it
appears the modeling of turbulence is more critical, To
obtain good agreement for these latter {lows sonie very
gross assuinptions must be made in the turbulence :ncdel.
Shang and Hankey?%, for example chose to apply an
empirical relationship (selected by ratching the length
of the separated region) to rapidly decrease the turbulent
scale size through the interaction region as shown in
Figure 53, HorstmannZ!, however, found the best
agreement with Settles”< measuremnents in wedge-induced
separated regions using a two equation model for
turbulence scale size and vorticity, as shown in Figure
54 Working with this same turbulence model, however,
Horstmann?? was unable to predict the occurrence of
separation on two incident shock/turbulent boundary layer
configurations studied by Holden?3 at Mach 11.2. As
shown in Figures 55 and 56 both these flow fields are
clearly separated and yet the numerical sclution fails to
predict the charactenistic plateaus in either the heat
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transfer or -pressure distfibutiens. The modeling of
turbulénce in separated interaction regions at hypersonic
Mach numbets should account for the eftects -of
compressibility. and the .genefation of turbulence by the
unsteady movement of the incident and induced shocks
as they traverse-and interact with a major region of ‘the-
turbulent boundary layer.  Ciearly further detailed
experimentai work and' insightiul theoretical modeling
are required to develop numerical prediction techniques
which are capable of describing: turbulent interaction
regions in details

Three-Dimerisional Shock Wave/Turbulent Boundary
Layer Interaction : :

Many ‘of the conceptual problems associated with
the use of the ‘houndary layer equations to describe
separated regions lLiduced by shock wave/turbulent
bounidary layer interaction are circumvented by the direct
solution of the Navier-Stokes. equations, However, in
their place we' find the equaily thorny problem of

‘specifylng a detailed model of turbulence for flows with

exseedingly large streamwise pressure gradients. Despite
the lack of success in developing credible terhulence
modéls for two-dinensional interastion regions, or
perhaps because of it, three-dimensional turbulent
interaction ‘reglons -have become the focus-of attention
of the Navier-Stokes solvers,

Corner Interaction Studies

‘The axial corner flow or swept-shock interaction has
been one of the principal .configurations selected to
investigate  three-dimensianal. reglons of  shock
wave/voundary layer interaction, The swept-shock, which
is generatad by a wedge or fin mounted perpendicular to
a flat plate, impinges normally onto the flat plate
boundarqv layer, The igitial studies In this arca by
Stalker?# and Stanbrook?’ were followed by the more
datailed _investigations of McCabe?6, Peake and
Rainbird?7, Oskam et al?8, (iousteix and Houdevill?”,
Dolling and Bogdonoff19% 101 polting and Murphy!02,
and Dolling!03,” The tatter extensive series of studies
was conducted at Mach 3 under adiabatic wall conditions.
While Incipient separation is relatively easy to define for
two-dimensional turbulent interactions, this concept has
gencrated considerable controversy in three-dimensional
flows, While McCabe’® suggests that separation should
be defined on the basis of converging steamlines,
Stanbrook?? and others have used criteria based on the
inf)ection points in the pressure distribution, The
occurrence of separation was corrclated in simple terins
by Korkegi!0%, who found-that in Jow Mach number flow,
deflection angle & i for incipient separation varies as
the inverse of the upstream. Mach number, ie., &y =
0.3M;,, while for 2 < M < 3.4 Korkegi suggests that pi/p
Is independent of Mach number. Goldberg'si?? and
Holden's!06 measurements at Mach 6 and 11 respectively
do not agree with the Korkegi correlation,

Studies with the emphasis on the heating in swept-
shock interaction regions have been conducted by
Neumann _and Burkel?, pawl0 s To!<en‘°9, and
Scuderil10 apd Hglden“ . Figure 57 shows typlcal
distributions of heat transfer and pressure along a
streamwise cut through the interaction region together
with nomenclature which is in conventional use. While
ibe heat transfer and pressure distributions exhibit a
uniform and monotonic increase through attached
interaction regions, when the flow separates, distinctive
plateau regions arec formed in the heat transfer and
pressure distributions, as depicted in Figure 57. As noted
above, at low Mach numbers (M = 2-54) and for adiabatic

surfaces; a -large body of data exists .on the mean
chardcteristics of sweptsshock interactions. Strangely,
this body of 3D data has been found to be in better
overall agreement with the -Hung and M'at:Cormack“z,
Horstmann?l, -Shang and Hankey?0, Settles and

‘Horstmann?2 solutions to the Navier-Stokes equations

than the relatively less complex two-dimensional flow
separation over a flat plate/wedge. These results are
not as sensitive- t6 the _turbulence model and suggest that
the gross features of the flows are-controlled principally
by invsicid-effects,

In a corner flow, the swept-chock generated by the
inclined fin impinges on the tdrbulent boundary layer ‘in
a plane perpendicular to the flat plate, The basic
mechanism -of pressure rise through the interaction is
tharefore controlled principally by the component of
freestream Mach number norimal to this shock (M, Sin &),
A highly simplified visualization of the viscous/inviscid
interaction with flow separation is sketched in Figure
58. Here, we consider the flow in the plane norinal to
the pldne of the shock to, he similar to that in transonic
flow. When flow separation occtirs, a three-dimensional
vortex is forined, the pressure in which is relatively
constant at the "two-dinensional" plateau level, as we
will show later. The streamwise distribution of heat
transfer in this reglon i§ aleo {ound .to be relatively
constant, and indeed we and others using skin f{riction
and oil flow measurements have correlated the first
appearance of a plateau region in the heat transfer with

a significant change in the flow structure which is linked
with flow separation. In fact, Teken!99 has shown that
the McCabe?® criteria, based on an examlnation of
surface oil streaks in the neighborhood of flow separation,
are less sencitlve mathods for detecting flow sepai ation
than ohservations hased on changes in the heat transfer
distribution with increased interaction strength. In a
recent experitnental study at Mach 11, Holden! 1! ysed
the incipient formation. of a plateau in the heat transfer
distribution, together with a marked increase in the
flyctuation levels. in the output of the thin filn
instrumentation, as marking the onset of flow separation,
As: shown in Figure 59 Holden's measurements indicated
that in hypersonic flow over highly-cooled surfaces the
turbulent boundary Is more tenacious in resisting boundary
layer separation than predicted by the methods decived
by McCabe?® and Korkegiw". Holden's measurements
of the peak pressure ratio through the interaction and
the plateau pressure rise are in better agreement with
calculations based on an inviscid_ flow model in the 2D
theory of Rfahotko and Tucker!!3 than the correlations
of Scuderi' as shown in Figure 60, Holden found
that, as in the studies of two-dimensional separated
interaction regions, the peak heating can be related to
the overall pressure rise by a simple power law
relationship as shown in Figure 61. Figure 62 shows that
the maximuin pressure rise through the interaction region
can be calculated with good accuracy from inviscid flow
relationships. While there appears to be inerit for the
development of simple prediction methods in describing
the flow in terms of the normal flow Mach number, this
is clearly a gross oversitplification and it should be
noted that the plateau pressure measurements obtained
in the current study were relatively independent of \l,
Sin g,

Skewed Shock/Boundary Layer Interaction

Another approach to exploring flow separation in
regions of three-dimensional shock wave/boundary layer
interaction is to Dbegin with a two-dimensional or
axisyminettic interaction and sweep this interaction (or
introduce angle of attack for the axisyaunetric case) to
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progréssively introduce crossflow Into thé interaction.
region. Experimental ‘studies -of this type have been.
conducted b gir\csson, Reding and Gnienther ", Settles
and’ Perkins ,-and Settles dnd Tengl16, Settles, who
studied the ‘interaction -region over swept and unswept
flat plate/wedge -configurations in an adiabatic Mach 3
alrflow, found that introducing crossflow increased: the
scale. of. the separated interaction region: Considerable
effort was expended in this latter study to deterihine
the Reynolds number scaling, and the length from the
upstream-tip of the wedge for the flow to become quasi-
two-dimensional, However, the effect of changmg the
overall spanwise-scale of the model on the $cale of the
interaction was not examined explicitly. The
measurements of surface and pitot pressure through the
interaction regions were in good agreesnent with solutions
to the Navier-Stokes equations obtained by Horstman?1;
however, some ‘key features of the flow were poor ly
predicted. It is known that agreetnent with pressure
data Is not the mos? definitive of tests, More recently
Holden!06 performed studies of crossflow effects on the
size and properties of the interaction region induced by
a swept-oblique-shock incident on a turbulent boundar:
layer over a {lat plate at Mach 1l and Rp, < 30 x 106,
Experiments were conducted for two strengths “of mcident
shock, the first ( @ 5¢ = 12.5°) to generate a separated
condition. close to incipient separation, and the second
( @5 = 159 to generate a well-separated f{low,
Distributions of heat transfer and pressure as weil as
schlleren photographs of the unswept or two-dimensional
flow condition and the 30 degree swept condition are
shewn In Figures 63 and 64, It is clear from the well
defined piateau reglons ip the distributions of pressure
and heat transfer, as well as the well defined separation
shock in the schlieren pbotograph, that a well scparated
region, extending two-inches in length, Is induced beneath
the stronger incident shock. The measurements made of
the distribuiton of heat transfer and pressure beneath
the well separated flow induced by both the 12.5 degree
and the 15 degree shock generators swept at angles of
0 and 30 (shown in Figures 63 and 64) indicated that the
induced crossflow has little effect on the size and
characteristics -of the interaction regions, 1f there is a
perceptible effect, it is a decrease in the length of the
separated region with increased crossilow. The
significant differences betwzen Holden's and Setties?2
measurements of the variation of interaction length with
sweep angle and those obtained in these studies are shown
in Figure 6€5. While Seitles finds an alnost threeiold
increase in* separation length at swecp angles of 40
degrees, Holden found 10 percent reduction in this length.
Further studies are required to resolve this issue,

Three-Dimensional Shock-Shock. Boundary Layer
Interaction

The heating rates generated in three-dimensional
interaction regions by shock-shock interaction can pose
serious problems for the designer of TPS. Heating levels
up to two orders of magnitude larger than the stagnation
point value can be gencrated at hypersonic spceds by
shock-shock interaction over the leading edge of fins,
inlets and structures connecting two vchicles, These
regions of sharply peaked heating levels are acrompanied
by high pressures, and unlike the stagnation point their
position cannot be defined with ease. Perhaps the most
dramatic example of damage reusiting from shock
impingement heating was that recorded on the ventral
fin supporting a ramjet model on the X-I5. At Mach
6.7, the heating resulting from shock-shock interaction
caused a burn-through in the fin, as shown in Figure 66,
which also graphically demonstrates the high gradients
generated in such flows.

’W’w‘““u’h ~

The: “first .detailed investigation of the fluid.
mechamcs of the shock-shock interaction was performed
by Edney!!7, who-¢n the basis of a detailed cchlieren
study defined six distinct flow regimes which resuited
from the orientation 6f the shuck systems. Three classes
of interactions are shown schematically in Figure 67
along with the typical levels of enhanced heatmg. Type
IV interference, in- which the shock-shock interaction
generates a jet which impinges on the surface gives the
greatest heating enhancempnt. Edney’s Schlieren
photographs of tlis interadtion are shown in Figure 67
for the shock-shock interaction on a biunt fint. The
Type IV tlow structure for the unswept fin confi 1gurat|on,
which is shown in Figure 67, exhibits a supersonic jet,
bounded hy shear layers, that imjsinges on the fin leading
edge resulting in the hlghest ‘heating levels, Because
the shock layer flow is subsonic, the structure of
interacting tflow is not readily predicred. Similarly the
shear layer flows are highly sensitive to the Reynolds
number. The leading edge sweep has clearly a tnarked
effect on the interaction heatin§ as the studies of Hiers
and Loubsky and Gulbran'l? have demonstrated
experimentally, The measurements of heating distri-
bution obtained by Hiers and Loubsky re clearly show
the - ma mtude of the impingement heating. Hains and
Keyas! 0 and Keyes and Morris! <! expanded on the Edney
studies to provide correlations of the heating levels
encountered in the various classes of interaction. These
studies demonstrated a streng sensitivity to Reynolds
numbers_and were followed by studies by Birch and
Keyes!22 who attempted to correlate conditions for
transition in these flows. In general, the studies that
have been conducted of shock-shock interaction were
conducted at relatively low Reynolds numbers for fimited
ranges of Mach number. Theré remains a need for high
Reynolds number studies {n which detailed measurements
are made of the distributicn of heat transfer in fully
turbulent interaction regions.

IX. COMPRESSIBILITY EFFECTS ON TURBULENT
MIXING

While in supersonic and hypersopic flows constant
pressure, turbulent boundary layers do not appear to be
strongly influenced by coinpressibility effects, studies of
the supersonic mmng between two coaxial streams
suggest that there is a significant decrease in spreading
rate with increased Mach number!2d,  Similar effects
have beer sbserved in the turbulent near wakes of slender
bodies travelling at hypersonic  speeds!24)123,126,
Whetku: such an effect is asseciated with fundamental
changes in the mechanisimm of turbulence production or
dnssnpatmn (a turbulence compressibility effect) or is
associated with the relative Mach number or density
between the two streamns remains to be determined,
However such an effect has important jinplications for
the perfui ance of hypersonic ram 1ets where fuel
{hydrogen)-air mixing will occur at supersonic and perhaps
hypersonic speeds. It is clear from both the fundainental
and practical viewpoint that an understanding of this
phemonena is of key importance to we development of
rational prediction techniques.

In their review of free__shear layer mixing
measurements, Birch and Eggers concluded that there
is a significant reduction in the spreadmg parameter with
increased Mach number presenting their correlatien of
the measurements in a form reé)roduced in Figure 68,
More recently Padova, et al.!?7 have examined the
coaxial mixing of non-reacting gas flows for relative
Mach numbers up to 3 for density ratios up to 2.7; their
measurements fall between the Birch and Eggers data
and those of Maydew and Reed!Z8 who found little
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variddion of Spreading parameter with Mach number.
Currently there. are a number of unresoived -issues
assoc;ated with. the downstream effects- of initial
condiuons, Mwever a- decrease in turbulent spreading
ra{te ‘has afso béen found in high Mach number turbulent
wakes, Itrhas been observed that in- hypersonic. flow the
turbulent wake of slender bodies over which the bountlary
layer is fully turbulent grows at a significantly slower
rate than a wake where transition occurs downstreain of
the rear stagnation point. Schlieren photographs suggest
the existence of small scale turbulerce in the wake
behind the turbulent hody, whiie when transition occurs
in the wake larger 2ddies are cbserved as sketched in
Flgure -69,. In his analysis of "low altitude” wake flows,
Finson suggests that the weak growtl; of the large scéle
turbulence in the near wake of the turbulent body rasults
from a damping of turbulence production by the sinall
eddies_transported from the boundary layer over the hody,
Others suggest that remnants of the turbulent boundary
layer serve only to ‘mask observation of the inner wake

that they surround, and the intrinsic difference lies in
the significantly different Mach number profile that
exists across the wake in the two cases. Orenberger
has suggested that the occurrence of slow wake growth
is ussociated with a supersonic velacity defect across
the wake, He suggests that when the largest eddy
structures tlow supersonically rejative to the surrounding
inviscid wake the compression waves which are generated
act to dampen the lateral motion of the eddies, Recantly
Bushnell, et alll29 have conducted numerical studies
which demonstrate that the interaction between an eddy
and a locally supersonic {low leads to eddy breakup
through biflication as sketched in Figure 70. One nay
conjecture the: a similar analysis would show that the
growth of Jarge eddy structures would be inhibited by
analogous mechanisins. In investigating such effects it
Is clear that we are attempting to understand the effects
of compressibility on turbulent structure and diffusivity.
It is also clear that if such effects are manifest in free
shear layer mixing then they may also be lnportant in
separated flows induced by shock/boundary interaction
and in flows with transpiration cooling at hypersonic
speeds. This is an arca where fundamental theoretical
and experimental research s urgently needed.

X, CONCLUDING REMARKS

With the renewed interest in hypersonic vehicles
whose design requirements are more comnplex and
sophisticated than the essentially ballistic systems which
have been developed to date, there has come the
realization that the current predictive capabilities are
inadequate in a rumber of important areas. While there
has been significant Increase in computing power during
the past d«cuade, relatively little progress has been made
in the understanding and iodeling of the fundamental
mechanistns which must be incorporated into the machine
codes. During the past decade fundamental research in
hypersonic flow has almost stopped, and, in addition to
the absence of work to develop new hypervelocity
facilities, a number of hypersonic facilities have been
destroyed, It is in the area of high altitude hypervelocity
flight where real gas, non-equilibrium, viscous
interaction, slip and catalytic wall effects are important,
that the lack of ground test facilities is the most evident.
While in the short term flight tests will help in obtaining
measvrements in the hypervelocitiy transition regime,
the development of ground test facilities in which clean
reacting airflows at velocities of up to 20,000 ft/sec are
generated, should receive high priority, Facilities are
also required in which turbulent flows can be studied on
models in airflows at Mach numbers up to 20.

‘In the flow regime ‘between free molecular and
continuum flow where .viscous interaction, non-
eqmllbnum, surface slip and catalysis are important,
there is a rcal need to obtain detailed flow field
measurement in addition to those which can be obiained
on the surface. These measurements, taken in an
environment where there is -non-eguilibrium chemistry,
would provide important inforfhation with which to model
the conditions close to the wall in modifications to the
Navier/Stukes ecquations to describe flows at the
continuum end of the transition regime. In the laminar
continuum flow at the lower altitudes, where non-
equilibrium air chiemiscry can be embodied with Navier-
Stokes codes, questions associated with catalytic wall
effects still remain, However, Navier-Stokes solutions
to the laminar flow over the Space Shuttle incorporating
both real gas and viscous interaction effects would
provide important insight into the modeling of these {lows
with less demanding techniques.

The prediction of boundary layer transition and
characteristics of transitional flows in cowmplex
interaction regions is one of the most difficult and yet
important problems in the design of hypersonic vehicles.
In additicn to the sudden changes which can occur in
the aerodynamic performance of intakes and control
devices when transition occurs, the thermal loads on the
leading edges of swept wings and intakes when the
boundary layer becomes turbulent may he a key f{eature
controlling the acrothermal design. As discussed in the
review, the dynamic loads generated in transitional
regions of shock wave/boundary layer interaction may
also lead to significant design problems, The tripping
of the boundary layer at the lower altitudes by surface
roughness, or blowing from a transpiration cooling systen,
is another important phenomenon. In this case, however,
there is some reason to believe that it is possible to use
transition measurements from ground test facilities to
predict transition in flight. When transition occurs in
or near reglons of shock wave/boundary layer Interaction
as in the flow over indented noseshapes, these flows are
not only difficult to describe theoretically but also
sensitive to Mach number, Reynolds number and surface
blowing and roughness. The use of wind tunncl
measurements made under such conditions to evaluate a
prediction technique must he handled with great care,

The design of ablative- or transpiration-cooling
systems for comnponents of a hypersonjc vehicle is an
area where a significant research cffort is nceded to
develop new, more accurate prediction techniques. In
addition to problems associated with the inherent three-
dimensional structure of the transition process on ablative
heat shields, defining the roughness height and surface
characteristics of an ablating surface has yet to be
successfully handled, The theoretical techniques used to
describe the ablation of a heat shield in the presence of
blowing and roughness are at best highly simplified, and
the alinost complete absence of experimental
measurements on the effects of combined roughness and
blowing in high Reynolds number flows over highly-cooled
suriaces does not help this situation. DBecause of the
rapid thinning of the boundary layer which occurs in
regions of shock wave/boundary layer interaction, the
effects of surface roughness can exert a strong influence
on the focal heating rate in these regions. Also the
momentum deficit induced at the base of a rough wall
boundary layer makes such a flow separate more readily
when subjected to strong adverse pressure gradients. The
influence of transpiration cooling on the development of
a turbulent boundary fayer in a shock interaction region
is another problem which could be of finportance in the
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In hypersomc flows, tegions:of’ shiock wave-turbulent
interaction dre one of the most’ stressing aerothermal
‘probléms as well as one of the most difficult-to compute
accurately; At the heart of the problems associatéd
with theoretical’ description of these flows is the
description-of the development of the turbulence :at the
‘base of the- boundary layer as separation occlrs and as
the boundary layer undergoes. a radical- thinning in a
recompression process where the pressure can-rise two
orders of magnitude over several boundary layer
thicknesses. There are questions on compressibility
effects in these flows and the effects of the intrinsic
tlow unsteadiness of separated regions, Do the unsteady
distortions of the shock waves which traverse the
boundary layer i the separation and reattachment reglons
contribute significantly to -the ‘turbulence generated in
these flows? In fact, can these.f Iows be described within
the framework of the time or msss averaged Navier-
Stokes equations? Are there Mach number effects on
the separated shear layer mixing similar to those which
are belleved to exist in free shear layer mixing and
turbulent wakes? It is clear that only through carefully
directed and conducted experimental studies, involving
detailed mean and fluctuation measurements in the flow
fleld as well as on the surface, can the insight and
information be generated to resolve these issues.
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Figure 17{h) Comparison Between Experimental Measutements
and Navier Stokes Solution for a Well Separated
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Figure 66 Damage Resulting From Shock Impingement on Vertical Support
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Figure 67  "Edney’s Pholographs Showing the Effect of Varying Sweep Angle of Cylindrical Fin,
a, Type IV Interfevence, b. Type ¥ Interference. ¢. Type VI Interference. M = 4.6 E=50
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